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PREFACE

This document completes the reporting requirements of NASA/MSC Contract NAS 9-6209_

"An Effort Pertaining to Project ABLE" The study was performed under the technical

direction of NASA/MSFC. The objective of the ii0 day effort was to establish over-

all systems approaches, including technical and programatic feasibility of solar

reflectors* operating in Earth orbit, supported by the LM vehicle. The work effort

consisted of a 90 day technical study and program planning period and a 20 day final

report preparation period. Progress reviews were held, at the request of the COR_

on September 7, October 6, October Ii_ November 6, and November 13, 1966. In order

to accommodate this increased number of' reviews_ a two week extension in delivery of

this final report was granted by the COR.

The final report consists of three volumes> bound into four documents. The first

document_ "Volume I - Technical Summary"_ briefly outlines the objectives of the

study, summarizes the results, and gives conclusions and recommendations for further

study. Areas of advanced technology, wherein further effort is recommended based on

the study results, are also described. The second document, "Volume II - Technical

Report" is a comprehensive condensation of the work performed during the study period.

The third document, "Volume III_ Part i • Program Plan", consists of five sub-plans>

covering Development and Acceptance Test, Pre-Launch Operations, Product Support_

Manufacturing, and Reliability. The fourth document, "Volume III> Part 2", contains

the sixth sub-plan_ Cost

_The term "reflector" is properly applied to the thin membrane of metallized

plastic which actually reflects the sunlight In this report however, the

term reflector should be interpreted as either the membrane itself or includ-

ing the support structure.
ii
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1.0 INTRODUCTION

The use of a large reflector in Earth orbit to illuminate selected

geographical areas during the hours of darkness has been proposed. The

objectives of the present study were to determine the technical feasibility

of this concept_ and to furnish system trade-off and design data integrat-

ing the LM spacecraft and/or its subsystems and components with the reflector.

An additional objective of this study was to select a conceptual design and

provide a program plan that would permit determination of the schedule and

cost feasibility of the concept.

A list of the major groundrules which were supplied to Grumman by MSFC

follows:

o

o

o

Design en_hasis shall be placed on the maximum effective

utilization of existing_ modified_ or planned LM hardware.

Overall technology constraints shall be based on attainment

of hardware which would be operational in the 1968-69 time frame.

The minimum illumination level which would be considered accept-

able would be equivalent to a 400 ft. diameter ideal reflector

at synchronous altitude.

lllumination shall be required during al! periods of darkness

at the target.

Reflector sizes ranging from 400 ft. to 3000 ft. shall be

considered.

Orbits with nominal altitudes of 6000 nm. and 24 hr. synchronous

shall be of primary interest.

The degree to which man can enhance the program by his in-space

participation shall be determined.

Single and dual Saturn V launches shall be considered.

I-I



1.0 INTRODUCTION(continued)

O The minimum operating lifetime shall be at least six months

without resupplyo However_ an operating lifetime of 12 months

is highly desirable with possible resupply.

Useful payload weights and ambient environment data will be

provided by NASA.

Using these groundrules and the assumptions listed in the various sections

of the report, the technical feasibility of the Project ABLE concept was studied.

1-2
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2.0 SUMMARY

2.1 MISSION

2.1.1 Altitude - Deflection Considerations

Target area illumination is extremely sensitive to deflection of the reflector

surface. For example_ if a i000 ft diameter reflector could be designed which

remained flat to ± i ft (very tight tolerance), illumination equivalent to a

full moon could be achieved only by selecting an orbital altitude of 3-5000

n.mi. Higher altitudes would require tighter tolerances, large numbers of

reflectors, or acceptance of less illumination.

One implication of the indication that lower altitudes are preferrable is the

requirement for more than one reflector_ if illumination is to be provided

continuously to the target. At 3-5000 n.mi., approximately 4 reflectors are

needed for continuous illumination.

2.1.2 One/Two Sides Reflective

Orbital mechanics studies indicate that changes in rotational rate can be

minimized if both sides of the reflector surface have reflecting capability.

The high temperatures which result, however, would eliminate Mylar from con-

sideration. Kapton could be used, but it is a relatively new material for

this application. It is suggested that additional studies be done to advance

the state-of-the-art of Kapton technology. This would permit reflectorizing

both sides of the membrane, and eliminate the constraints on trajectory and

target choices which would result from a reflector with only one side coated.

2.1.3 Manned Vs Unmanned Mission

The evaluation of the need for man to aid in implementing the ABLE mission

concept has resulted in the following preliminaries conclusions:

Q Man should be considered for the first ABLE flight(s)

o Man's value on subsequent flights requires further study.

This is mainly due to the fact that some of the more intricate operational

phases of the ABLE mission, such as reflector deploymen_ will be difficult to

duplicate during the development ground test program.

2.1-i



2.1.3 cont'd

A program concept permitting a delayed decision on mannedvs unmannedABLE

flights is therefore recommended. This would meanthat the ABLEspacecraft

should be designed so that it could be flown as part of either a mannedor

unmannedflight.

2. i. 4 Radiation

The major problem in evaluating the potential radiation hazard for the ABLE

mission is the uncertainity in the predicted 1968-69 environmental model.

Unfortunately, it is unlikely that any new emperical data will be available

early enough to provide statistical verification of any assumed model environ-

ment before major program decisions have to be made to meet a 1969 launch date.

Despite the uncertainty in the radiation environment, the following preliminary

conclusions have been reached:

° The use of mylar for the reflector is marginal at altitudes

below synchronous

° There are no major problems while the crew is in the spacecraft

° At best, limited extra-vehicular activities may be possible.

2.1.5 Weight

The maximum ABLE payload which can be carried on a manned Saturn V launch is

restricted by the maximum weight that can be supported in the SLA which is

about 32,000 ibs. The estimated weight of an ABLE LM exclusive of the reflec-

tor and its support structure is 9700 ibs. This means that_ for a spoke and

torus reflector configuration, the maximum reflector size that can be carried with

a manned ABLE LM is about 1200 ft. in diameter.

For an unmanned Saturn V launch, the maximum allowable payload is governed by

the launch vehicle stack limit of ii0,000 ibs. For this case_ reflector

diameters of 3,000 ft or greater could be carried in addition to an ABLE LM.

2.1-2
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2.2 CONFIGURATION

2.2.1 Reflector/Support Structure

Three families of reflector/support structure were studied, with each family

defined by the location of the support structure relative to the reflector surface,

and by the method of deployment. After consideration of such factors as weight, ease

of deployment, sensitivity to deflections, packaging efficiency, ease of resupply,

and testing problems, it was felt that a two dimensional shape such as a torus with

four spokes appeared most feasible.

Methods of deployment were grouped into mechanical and inflation techniques,

and here the physical simplicity of inflation and its adaptability to various sizes of

the support structure, made it a favored method_

There did not appear to be any greater problem in integrating the LM spacecraft

with one configuration than another, because of the minimum number of interfaces be-

tween the LM and the reflector/support structure.

2.2.2 ABLE LM

The use of the basic LM vehicle and related subsystems/components, in conjunc-

tion with a large reflector, permits utilization of a developed system which offers

the following advantages:

o Operational in the 1968-1969 time period

o Docking capability with the Apollo CSM

o Compatible with Saturn V launch environment

o Mounting i_ the spacecraft LM adapter (SLA)

o Available subsystems compatible with both manned and unmanned operation.

The ABLE version of LM is almost entirely composed of developed LM hardware.

The only major new items are radiators, solar arrays and rechargeable batteries, and

low-level thrusters. Major items removed from LM include the propulsion subsystems,

the landing gear, and the abort guidance and radars. These changes are shown in Table

2.2-1. The functional inter-relationship between the ABLE LM subsystems is shown in

Figure 2.2-1.

2.2-i



2.2.2 (continued)

An examination of the above changes indicates that almost all are due to the

six month mission duration requirement. It is interesting that if an engineering

test flight of 3 - 14 days were considered_ in order to checkout deployment and flat-

ness_ an absolute minimumof new equipment would be required.

2.2-2
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...........C_nge with respect to

"_____ LM

Subsystem ___

I. Structure

2. Guidance, Navigation &
Control

3. Crew Provisions

4. Environmental Control

5. Mech. Design

6. Instrumentation

7. Electrical Power

TABLE 2.2-1

PROGRAM PLANNING CONFIGURATION

Removed

°Base Heat

Shield

°Structural

support dele-
tion as re-

quired by sub

system mod.

°DECA_ GDA,

ASA, AEA,

RGA, DEDA.
AOT (aFE),
LR, RR/T

°Water Sub-

limator

°Cold Plates

(ROA & ASA)

Landing Gear

2.2-3

Modified

°Thermal shielding

°ATCA

°Computer Program

°Console, depend-

ing on subsystem
modifications

°Coolant Recirc.

Assembly
°Control Valves

°Power distribu-

tion section

Added

°Canister

°Structural support

addition as required

by subsystem modifi-

cations, i.e., Rad.

and Solar panel
additons.

°PCA (modified)*

oLo_s*(aF_)

°PCA & DCA Cold Plates

°Radiator & Controls

°Solar Panel Deploy. &

Align Mech.

°Canister Deploy Mech.

°S-Band Ant. Deploy

Mech.

°As needed for reflec-

tor and subsystem

modifications

°Solar arrays (2)

(90 ft 2 ea. )

°Rechargeable batteries

(2)
°ECAs (2)

°Battery charger and

voltage regulator

°Solar array position

control assembly



TABLE 2.2-1

- continued -

_ange with respcet to

Subsystem

8. Propulsion

o Reaction Control

=,

I0. Communications

Controls & DisplaysIi.

Removed

12. Reflector related

subsystems

°Ascent pro-

pellant and
tanks

°Descent pro-

pellant and

tanks

°Ascent engine

°Descent engine

°Ascent helium

and tank

°Plumbing

SAME AS

°Lunar surface

TV

LM

Modified Added

°Command Receiver

°Auto. selection switchl

°DCA* (Modified)

°As needed for sub-

system modifications

°S-Band erect-

able antenna

°S-Band steer-

able antenna

°Relocated S-Band

omni's,a _VA
Antenna 's

°Initial pressuriza-

tion tanks* (2)

°Peripheral thruster

subsystem

-thrusters (16)

-helium tanks* (4)

-propellant tanks* (4)

°Control cables (4)

I
I
I

I
I
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*LM developed hardware. I
I
I



I
I

I
I

I
I

!|

I

i I
I
I

I

i:

ira;
m
F_

I
I

I
I

I

i t
I
I !

I

I

)



LGC

_J7lOk/5 5"UBE_'ST£M
1

I I

SCEA

I

I

ED

l COMT,_OLLOG/C

EXPLO51U'E _E_ICEE



ME45

! TB4AJSL_7"/OIV C/rIDS

_TUD6 C_D5

_j'------

I

L____

CO/J TPOL 5 e DISPL_ VS I

O,_E55/JB / Z,4 7"/ O,V

/vfdtd/FOLOS #t COAJTOOL5 1

TneuNT_
CI.IAM86._ ,4SSEMBLIE.., _

_EFLECTO_? COMT_OL SECTIOM

_?EX_CT/Otd COIVTI?OL SUB _J_ TEM

/./6L I UM
=

_qOlU C041£_

_@O_ELLAMT

_LOW COUT_O/.

[ CO,V T_OL 5 # DIS,OLz_ VS J
I

_T,4TUS /MFO

TO /MST_

OPE • 44£-_ 5"

_I
-" ' 5T,4TU5 114PO

'_

!i

su/r LO0I

L
D/ VF_._T&_'

/ZlLI/E

TC CaB/M

_'u/r p,4_E O_/OPF C

po',_4_ oMioEP C_4O "_

_n



0 ", C) 0 0 0 0 0 0 0 C

ISUBLIMATO_ I

I EA/V/E_OIMMEA/T_LCOAZT_Ot 5U_SV_TEM

0 0 0 0 0 0 0 0 0 0 0 0 0 0 0 0

MODULE



=-,IFM_A5

TO/_ST_

OP6_ ME_S

_SEE _JOTE 2.)

o_/oxp oM/o_,=

t_J8 ±__
_: EcA

t'/O_l

",_OL

50LA_?

,400_ W

_'_ cO'_T,4CTO_1

_'_ C OId T"A C T O ,_ 1 I
86C_M I '

OG,ABL_ = leEC._._GEABL,}

8_TT6BV _ [ 8_TTESW't"

COkJT_oOLS # D/SPL,4 Y"S

po_u6,e I o,v/oF, e

i

EKIG/IV&6_ 8U5

DC TO SUBSVST£441

t
COMMIlldDE_ _!



I_

i

I

-. I,LLI- ,- -1 "-" 1

ELECTQICAL DOWE_ SUBSVSTEM

MOTE 5

I. Tl415 15 ,_ TEAJT.aTIVE LEYEL TT BASIC P/JMCTIO,V,4L
D/,4G_,4MI ,¢0_ TI-/E _LE LM

2, MO_T ODER,_T/OIGAL MEASU_'EMEMT'5 ,4RE ROUTED

7"0 TME I_JSTRUMEMTMTIOM SC/_SVSI-EM D_IO_
TO 7"_LEMET_V _ DI_PLAVS.

3. EML/ #2 /S /DE,4JTIG, aL 7"0 E.MU#I

4. I'ME ABLE LM C,_EW P£OVIEIOAJ,E, _/LL BE
IDEMTIC_IL "7"0 TAG LM

E. 7"ME &IUMI_6_ Om VM_" ,,_,'.JTEMMZIS /W/LL DEPEMD
UDOA.I 7"M.m MISSlOA,/ _ _oE_"LECTOR SEL_C7"ED.

G. TME MUMBEIP _ TVDE OF 5"-B_MD AMTEMMA5

WILL DEPEMD UPOM TIlE MISSIOM 5"E&EC'rED
7 TME RE/:LECT"OD SIZE _EUP,oODI- STJ2LJCT"_J_OE

t(//&L D_PEMD UPOM TItS MIE_IOM 5ELECTED

8. TME G,,_8 MEAT EXC/.#,a,VGE_ :__" C£_VO T,_MI_ MA VBE
REMOVED IF MMBIEM7" _TORMG_ 15' UTILIZED.

9. TME_E A,_E (4_,)REELEC]'O_ COMT"ROL MODULE _
_- IDEMTICAL TO I-I-IS OM_ _'NOYJH.

/o. 7"/-IE PlMAL 5"OLA,_' _,_,_,aV COM..?/GU_R4T/OM 5"ELECTED
;.G/LL DETERMIME 7"NE PO_/710.(/ COM?'_OL A_'SHMEED.

I/.7"I-//S/S OME I-FP/CAL COMF/GUB_T/OXJ.

,_BBPEVIMTIOM5

_ C -._IL TE,_Mz_ TI M G C U_2E NT
_C,4-ATTITUDE COnTrOL ASS6MBLV'

,,_S_v- A_SEMBL Y"
M TEa - M TTI TUDE ,_"I'RZ_N_L,4 7"10MM L

COMTROL AS$_M_L V
BIOMED - BIOM_:DIC,4 &

CE_-COMT,_OL ELECT_OMICS _EC7/OM
CMD(¢)- COMMAMD($')

COMM - COMMMKI ICA TIOtVE
C._ VO - C,_ VOGEM/C
C zfW - CAUTIOM # W,4_MIKIG
CKIEA -OAUTIOM _ WA_MIMG

EL EC T_OMICS ,4 _EM _L V

DC - Dl_ECT CU_2_ElqT
DCA- DECODE_? COMMAIGDA _EMBLV
DP_- DEAD FACE RELA V
DS_'_ lDISPLAV _ VBOA_D

EC_ - ELECT_PICAL COMT,qOL ASSEMBLV
EC5 - EMV/_OMMENTAL COMT,_OL

5"U_V_TEM
ED- EXPLOSIVE DEVICE_
E:MU- EXT"IP,4 VENICULA,_ MOBILE: UMIT
E/UG - E_G/ AIE-
G_I _C- GUID_MC_ M,,_VIG"_TIOM 6' COMT£ ;:_OL

GO>( - Gz_EOUS O..VVGEN
Me - NELIUM

WzO - 14MT£#
ICE - IMT"ERMAL COMMUMICzJTION SVSI-EM
hVPO - I MEO_PM,4 TIOM
/MST_- IMET_LIM_MF, aTIOM
_'DDS - l_l L0 pLIL_E_ PE,I?SECOMD

L GC - t M GL,IID,/IMCE COM.DUTE_
L M - LI.JAI_ MODMLG
ME, a _ - ME,4 ,,_U 4:__ M E Itl T _
MECM - MECM,_MICML

t.,l@_ - MOM _E,7"U,_IV 7"0 EE,_O
ODES- (:)PE,_AT"IOMA,(_
Oz - _DXVGEM
PEA - _@OG_AM COUPLE_ MSSEM_LV

'_CMTGA- PULSE CODE MODULATIOM #

TIMIIMG ELEC7"ROMICS .ASS_MBLV
PlD_ - PUL_ED /_TEG_Z_T6D ,_EMDULUIIA

A CCEL G _OME TE_
PL SS - OO_T,_LE LIb'E- £U_PORT SYSTEM
PMP - PREMODULATIOM PL_OCESSOR

P_E_$ - P_ E SSZ..],_/Z,,aT/ OM
p_oov - PROVISIOM_

PSA - PULSE _r-_VO ASSEMBLY

DTA -_ULSE TOqQUE ASSEMBLY
p _v,_ -PO #J£ ,IF

_OE.C-RE-PL E CTO_P
RCS- RE4CTIOM CON T,_OL _'uBSvSTEM

_CV£- BECEIVER

_CVD- _E.CEIVED

_GA -_ATE- GVRO A_,_EM_LF"

_m.J8 - _EL.,_V JUMCTIOM 80X
SCEA- SIGMML COMDtT/OKHMG

- ELECT_DOIdlCS A_SEMBLV

S/S - SuBSVSTEM
S_MC/./-

rCA - T.,_AMSL_TIOM COMTEOL A-_SY

TEMP- _'EMOE_O,_TU_E-

VMF - VERY _//G_V ,c_oEQUEMCV
VSR- VOICE S.7"O,_,4GE _E-COQDE,_
EMIT- 7"RMMSMIT
xM I T(Q) -T,,_,4NSMI TTE_

iG_°°u__ I DOCUMIEIVT
LM B_51E _UIGCTIO_,_I_

COA/,EI GU_O_ TIOAJ ('L EtIEL .Z)
I (LM _YSTEM)

PROGRAM PLWAJ #COST

E_T/MATE.

' D_OJEE7 xlBLE M/DTERM

RE-PO_T

DE_DT/AJEK/T DOCUMIEMT*_

&/ U M S E _D

LDWS_O -

/002._ -0/

E_/G-,4AP/ZOM-" /o.2_-G_
_ -_ /

J
+ i

i ADDEMDIJM 7"0 PROJ_-CT ' --1/ABLE MIDTERM REDO_T _ o-_-_

_o E 6 d_ -- OXVG_M L/_/E
r -- ---
L_- - -- - _ _J_ T_

[--e--e--o-_ -- COOLAMT ,,

-- CO&IDITIOId_D OXYG_=A,] L/ME

[ • • • I- tlELIUM LIME

__ -LX• X _ - "D,_OP£'LLAM7" LIME

Ix x x x] -- OX/D/Z6_ "/ME

' ,!,

lllll

llNItE L L !1 _11

Z_BLE LM
:_.A_/CIrU,I_T/d:_I._L CO,I/F/GU#ATIOM

_-, B _, -

n, I I_ -

_:_' _ _ _"



I
I

I

I
I
I

I

I
I
I
I

I
I

I

I
!

I

I
I

2.3 RECOMMENDATIONS FOR FUTURE STUDY

2.3.1 Mission Requirements

One characteristic of a three month feasibility study is that it generally

raises as many questions as it answers. In this study questions continually arose

with respect to the mission requirements_ In particular_ the required intensity of

the illumination, and the duration of time during the night that it must be provided_

had major impact on the study. Better definition of the mission requirements, both

with respect to the stated ABLE military objective and to other possible applications_

would permit more meaningful studies to be performed in the future.

2.3.2 Deflections

Because of the major effect that reflector flatness has on illumination, and

as a result of the difficulty in ground testing a full scale configuration, it is

recommended that techniques for adjustment of the reflector surface in orbit_ by

either automatic or manual means_ be given special emphasis.

2.3.3 Structural Data

Little test data exists on the behavior under load of large inflated structures.

Extrapolations from existing data were used wherever possible. Parameters such as

damping factors were extremely difficult to estimate. It is therefore recommended

that additional data be generated, by tests of either a scale model_ or of a segment

of a full size configuration.

2.3.4 Kapton Technology

The characteristics of Kapton are similar to those of Mylar, except that

Kapton can tolerate significantly greater thermal extremes and radiation doses than

Mylar. The newness of Kapton in this ABLE application, however, make the continued

study of Kapton characteristics and fabrication techniques worthwhile.

2.3-1
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3.1 ILLUMINATION

To provide the required illumination over a particular area of interest,

consideration must be given to several important factors. These factors

include altitude of operation, reflector reflectivity and area, atmospheric

attenuation, reflector system geometry and, most important, reflector de-

flection from an optically flat surface. A detailed discussion of these

factors is provided in Appendix A, "Optics Analysis." In this section,

only the more important conclusions, which can be drawn from Appendix A,

will be discussed.

The sunlight reflected from a flat reflector in orbit is contained in a

cone with approximately a 0.5 deg cone angle, which is the apparent angle

of the sun seen from the earth. The illuminated area on the ground is

therefore dependent only on the altitude of the spacecraft. If the re-

flecting surface departs from a plane, however, the reflected cone of light

broadens, thus covering more ground area but with reduced average illumina-

tion. This surface deflection was quantified by defining it as the center

distance between a spherical cap and the plane defining its edges.

In order to appreciate the interrelationship between these four variables

(attitude, reflector diameter or area, deflection, and resulting ground

illumination), Figure 3.1-1 was generated. Two values of ground illumina-

tion were selected, corresponding to "full moon" and "min. illum." (0.i full

moon). Preliminary analysis indicated that deflections of the order of

i-i0 feet might be achievable, and so this range was plotted. Finally, the

values of illumination were reduced by 50_ to account for realistic values

of reflectivity, atmospheric attenuation, and angle of incidence of the

sunlight.

The great dependence of illumination on altitude, reflector diameter, and

deflection is graphically shown in Figure 3.1-1. For example, if it were

possible to construct a i000 foot reflector, which deflected more than

i foot at the center, achievement of 0.i full moon would require orbiting

at approximately i0,000 nm or lower. Achievement of full moon illumination

3 ,i-i



would similarly require orbiting at 5,000 nmor lower. Onemajor implica-
tion of these orbits is the necessity for multiple reflectors, time-phased

in the orbit, in order to provide illumination during the entire night.

The problems of packaging, mounting launching and deploying 3-4 or more

reflectors requires further study.

Examination of Figure 3.1-1 also reveals the difficulty of increasing

illumination by increasing reflector diameter. The study indicates that

the major causes of reflector deflection are due to thermal distortions

and manufacturing tolerances. The nature of the thermal distortion is that

it increases with the square of the reflector diameter as does the area.

The rate of increase depends, amongother things, on the temperature

gradient in the support structure. A i0 ° gradient, which is about as

good as can be achieved, is plotted for both full moon and minimumillumina-
tion. The horizontal nature of both curves indicates that for fixed

illumination, the increases in diameter do not cause increases in allowable

altitude. In other words, the advantages of increases in area which result

from increasing diameter are effectively eliminated by larger deflections.

Since manufacturing errors will also increase as somepower of the diameter,

a similar conclusion is likely.

Additional insight into the effect of thermal gradients and attitude on

illumination can be gained from Figure 3.1-2, which also showsthe small
effect that stable orbits have on illumination. The nature of the stable

orbit is such that apogee occurs during target nighttime, and so illumina-

tion from a stable elliptical orbit is always less than the equivalent
circular orbit.

3.1-2
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3.2 ORBITAL MECHANICS

3.2.1 Groundrules, Assumptions and Definitions

o The Saturn V payload capabilities assumed in this study are those

provided by the NASA. At present the maximum LM weight is limited

by the structural capacity of the SLA.

o The period of time during which coverage is required is assumed to

be between the astronomical twilights, i.e., whenever the sun is

more than 18 ° below the horizon of the target. Coverage is assumed

to exist whenever there is an unobstructed line-of-sight between

reflector and target. The elapsed time between the epoch at which

line-of-sight is lost and the epoch at which line-of-sight is

recovered is used to slew the vehicle for coverage during the next

nighttime pass over the target area.

o Occultation is determined by the cone (umbra) of the earth's shadow.

The reflector is assumed to be illuminated whenever it lies outside

this region.

o Orbital perturbations are assumed to arise only as a result of the

earth's oblateness and the effects of solar radiation pressure. For

the latter, the reflector is assumed to be a rigid, flat, perfectly

reflecting plate_

o Stationkeeping maneuvers, if required, take place during the seven days

each month which encompass the full moon. Stationkeeping propellant

requirements have been calculated assuming that only eccentricity and

apside longitude corrections were required. During these periods an

inertially fixed attitude will be maintained such that the reflector

plate is parallel to the sun, thus decreasing the effects of radiation

pressure at these times°

o A bipropellant propulsion system, I = 274 sec, is used for
sp

stationkeeping maneuvers, and a monopropellant system, I =
sp

200 sec., for all attitude control maneuvers.

3.2-1



3.2.1 (continued)

Attitude time lines are presented in terms of Right Ascension (HA), and Declina-

tion (De) angles which are defined in an inertial system as follows:

(,,,/,=_-._aL E_ot No g)

Figure 3.2-1

o

The Declination is defined as the dihedral angle between the

reflector's unit normal and the equatorial plane.

The Right Ascension is the angle between the vernal equinox and

the projection of the unit normal onto the equartorial plane. It

is positive in a right hand sense taken about the polar axis.

All orbits considered are posigrade with 0 ° or 28.5 ° inclination. For orbits other

than synchronous, orbital periods are resonant with the earth's mean solar day e.g.,

the orbit known as the "twelve hour orbit", is one in which the reflector is exact-

ly over the target at midnight, on alternate passes. This in general will not result

exactly in a 12 hour Keplerian Period due to the virtual motion of the sun around the

earth. The 24 hour orbit, however, is resonant with earth's rotational rate.

3.2.2 Circular Orbits (Unperturbed)

Attitude Time Lines and Coverage: In order to be able to predict control system

requirements for the reflector, attitude time lines have been generated, showing the

Right Ascension and Declination of the unit normal of the reflector relative to the

coordinate system of figure 3.2-1. (Note: Although both sides of the disc will

probably be reflecting surfaces, the unit normal is arbitrarily assigned to one face.

Thus, for some orientations, the target will be illuminated when the unit normal is

pointing away from the target.)

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I



I

I

I

I

I

I

I

I

I

i

I

i

I

I

I

I

I

i

I

3.2.2 (continued)

Attitude time lines are presented in figures 3.2-2 thru 3.2-4 for the "worst case"

relative to control system slewing requirements. Based on analysis, the "worst

case" conditions were found to occur at the winter solstice. The lines indicating

morning and nightfall are the times of astronomical twilight as previously defined.

When coverage of the target by the reflector beam exists, the curves are drawn with

a solid line. When the target is not covered, the reflector is assumed to undergo

a constant slew rate so as to be in position for the next period of coverage. This

is indicated by the broken lines in the figures.

Slew rates between coverage regions were choosen on the basis of minimizing the

rotational rate change requirements (and hence propellant requirements) on the con-

trol system Reflecting surfaces on both sides of the plate are desirable for the

24 hour and 6 hour orbits for minimum control propellant expenditures, while in _he

12 hour orbit it was found that the declination slews would be too great to gain any

advantage by coating both sides. Based on these preliminary studies, it is con-

cluded that each orbit condition must be analyzed separately to determine the require-

ment for one or two sided reflectors° However, in order to enhance flexibility in

mission planning, it is recommended that the reflector be coated on both sides if the

material technology permits.

Both the 12 hour and synchronous orbits (figures 3.2-3 and 3.2-2 respectively) exhibit

complete coverage between evening and morning twilight, excluding periods of occulta-

tion (discussed below). Figure 3.2-4 shows that in a 6 hour orbit coverage exists

for roughly one third of the required time, nightly. As a result_ among the orbits

whose periods were considered to most feasible, viz. whose periods are multiples or

whole fractions of 24 hours, the 12 hour orbit is the lowest which provides full

coverage with a single satellite. Based on the above results and supplementary cal-

culations involving the virtual period of the satellite relative to the target, the

number of satellites required for full nightly coverage as a function of orbit period

is indicated in Table 3.2-i. Where it was considered that purely geometrical cover-

age would not provide sufficient illumination_ an additional satellite is added to

the "No. of Satellites" required column. For example, although one 12 hour satellite

will provide coverage between the astronomical twilights_ the illumination at the

horizons may not be acceptable, therefore, a potential requirement for a second

satellite is indicated.

3.2-3



3.2.2 (continued)

TABLE3.2-1

Number of Satellites Required for Full Coverage

Orbit Period (Hrs.)

24

12

8

6

4

No. of Satellites

i

1-2

2-3

3

3-4

The required slew rates during daylight hours from figures 3.2-2 thru 3.2-4 are

tabulated below (Table 3.2-2). These slew rates ensure that the reflector will

be at the proper attitude for the next period of coverage. The required torques

resulting from the varying slew rates during coverage periods are presented in

Section 3.2.5.

TABLE 3.2-2

Slewing Requirement Between Coverage Phases

Time of Year

Winter

Winter

Winter

Orbit

synchronous

12 hour

6 hour

R.A. rate

deg/hr

+ 4.6

+ii. 7

+35.6

D e rate
deg/hr

$ 1.7

arbitrary for

propellant

optimization

+1.3

Occultation: The period of occultation is dependent upon orbit altitude, inclination,

nodal drift rate and time of launch. Figure 3.2-5 shows the percentage of time per

orbital pass during which the reflector is occulted for equatorial orbits with 24, 12

and 6 hour periods as a function of the angle between vernal equinox and the earth-sun

line. (Note, on the first day of spr_ng this angle is 0 °, and at the winter solstice
3_2-4
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3.2.2 (continued)

it is 270°.) In figure 3.2-6 the percentage time in occultation is presented for

the same three orbits with inclinations of 28.5 ° . For each orbit presented, the

line of nodes is assumed fixed, 90 ° from the vernal equinox.

From these figures_ it is seen that as the orbital period is increased the percentage

occultation time per orbit decreases_ however_ the actual time in occultation increase&

For the 24 hour orbits this occultation time is 1.18 hr. per orbit compared to .94 hr.

for the 12 hour orbits. These numbers represent the maximum occultation time for the

orbits over an operational period of one year. The effect of orbit inclination is to

reduce the range angle between earth-sun line and vernal equinox (9) during which

occultation of the satellite occurs_ and to shift the semi-annual occultation periods

relative to the vernal equinox. For the 12 hour orbits 3 the 28.5 ° inclination results

in a 32.5 day reduction in the length of the occultation period.

For the inclined orbits considered_ given any arbitrary launch date_ a six month

mission will never be completely free of occultation. For the 12 hour inclined orbit

the maximum mission duration free of occultation will be 129.86 days.

3.2.3 Effects of Perturbations on Circular Orbits

Qualitative Description of Perturbing Forces: The effects of perturbing forces

on the elements of an orbit may be represented most conveniently by resolving

the forces into the three rectangular coordinates of an orbit-fixed system,

components _, T , and _ •

o S , the orthogonal component, is perpendicular to the plane of the orbit.

It is positive in the direction of the north pole of the ecliptic_

o -[- , the tangential component is directed tangent to the orbit at the

same point, and is positive when it is parallel to the direction of the

mot ion.

o N , the normal component, is defined perpendicular to both and -T-

and is positive when directed inward°

The instaneous effects of the perturbing forces on each of the orbit elements

are summarized in figure 3_2_7. These effects are given for positive values of

S , -_- and _ .
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Fig. 3.2-7 I

Perturbations on Orbital Elements I

K p c I
I

A

I

I
D

I
NODES

INCLINATION

SEMI-MAJOR AXIS

LINE OF APSIDES

ECCENTRICITY

Advance in first and

second quadrants;

Regress in third and

fourth quadrants.

Increases in first and

fourth quadrants;

Decreases in second and

third quadrants

None

No effect if W is

measured from fixed

po_rather than from

None

T

None

None

Always Increases

Advances in interval

ACB; Regresses in

interval BDA

Increases in interval

DAC; Decreases in

interval CBD

N

None

None

None

Advances in interval

LAK; Regresses in

interval KBL

Increases in interval

BDA; Decreases in

interval ACB

Figure 3.2-7 is presented exactly as it appears in reference 3.2-1. To illustrate

the use of the figure, consider the solar pressure perturbations_ Available data

on the effects of solar radiation pressure on circular orbits indicates that after

a short time in orbit, a well defined line of apsides forms 90° from the earth sun

line. This condition is represented by positioning the sun below the arc BDA in

figure 3.2-7. For this example, it is assumed that the reflector unit normal bisects

the angle between the vehicle-sun-line and the vehicle line-of-sight to the geocenter_

E. Hence, the direction of the solar force will be opposite in direction to the

-6
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3.2.3 (continued)

reflector unit normal. Since the -]- component of the perturbation force is

defined positive counter-clockwise, figure 3.2-7 shows that_ is negative along

CBD and positive along DAC. (Note that for near circular orbits, E and E1 approach

coincidance at the center of revolution). Similarly,_ is negative along ACB and

positive along BDA. Thus, by comparison with figure 3.2-7, it is seen that due to

-v the eccentricity increases at all times whereas the line of apsides advances

in quadrants I and llI and regresses in quadrants II and IV. Due to-_ , the

eccentricity also increases at all times, and the line of apsides advances in

quadrants II and IV and regresses in quadrants I and IIl.

The results of a digital simulation of these forces, using an Enke technique for

orbit determination, show that when the above conditions pertain, the eccentricity

does increase continually. In addition, a slow advance of the line of apsides is

found, reflecting the fact that when the satellite is in the half of its orbit

nearest the sun, the line of apsides advances for the majority of the time, whereas

the line of apsides regresses in the other half of its orbit. The digital simulation,

which contained only solar pressure perturbations, showed that for approximately

six months the eccentricity increased, and the line of apsides advanced a total of

90 ° . But in this same time duration, the sun has moved 180 ° so that the instantaneous

location relative to the orbit is now to the right of point A in figure 3.2-77 and

henceforth will be located above arc ACB. Thus for the next six months the

perturbing forces have the opposite effect and at the end of one year the orbit

returns to the original circular orbit. In addition, the simulation showed that

out-of-plane effects were small, while the semi-major axis, and therefore the orbital

period, remained virtually unchanged.

Effects of the earth's oblateness were later added. Results for an ii00 foot

reflector initially in a 12 hour circular orbit are shown in figures 3.2-8, -9 and

-i0. Figure 3.2-8 shows time-histories of apogee and perigee radii and orbit

eccentricity for 190 days in orbit. The large scale effects of solar pressure

discussed above are still apparent in this simulation, but the effects of oblateness

are seen as well. The eccentricity increases for the entire 190 days but appears

to be leveling off at the end of this period. The orbital period, which is found

from apogee and perigee radii_ is seen to increase from 11.98 to 12.01 hours over

the entire 190 days. Contained in figure 3.2-9 are time histories of inclination

and the longitude of the node. Over 1900 of apparant sun motion along the ecliptic_
3.2-7
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3.2.3 (continued)

the orbit's inclination increases from 28.5 ° to 28.85°; the node is seen to precess

at an essentially constant rate_ from 90o to 78.43 ° over 190 days. The angle between

the sun and the line of apsides is initially near 90o , and precesses a total of 72 °

over 190 days.

Figure 3.2-10 shows that coverage is maintained for the first 78 days of the mission,

at which time a rapid increase in TNC , the time during which there is no coverage_

is observed. Therefore, sta_ionkeeping would be required to maintain the operational

status of a circular orbit at least on a bimonthly basis. Included in figure 3.2-10

are the central angles,_-m-(P.M.) and_--V(AoM°)_ between the target and the

satellite at the astronomical twilights of the target. The parameter _-_

figure 3.2-10, is the longitude difference between the sun and the orbit perigee

vectors.

Stationkeeping Requirements

The flight plan assumed for stationkeeping was as follows:

o The satellite is initially in a circular orbit

o The reflector is allowed to drift from station under the influence of

the perturbing forces for 23 days of each month when the target is

receiving little or no lunar illumination

o During the 6_ day full moon period_ stationkeeping maneuvers are performed.

Thus at the end of the average lunar month, 29_ days, the reflector is

always back on station.

o During 6½ day stationkeeping period the reflector maintains an inertially

fixed attitude showing its minimum cross-section to the sun to decrease

solar perturbations during this time.

The _V required for stationkeeping each month was found to vary almost linearly with

the parameter A/M, the area to mass ratio of the reflector. Values of LXV calculated

from this parameter are conservative, however, since the reflector is assumed to

have a reflectivity of unity. The dependence on A/M reflects the fact that this

ratio is proportional to the total impulse absorbed from the sun. The equations

used to compute stationkeeping A V are summarized below, for the most economical

means of performing each correction:

2-8
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3.2.3 (continued)

o Inclination i - thrust normal to the orbit plane at either the ascending

or descending node:

IZ_",/N/ = A4 % (3.2-1)

where _ is the orbital velocity at the point of correction

o Period_ T - thrusting circUmferentially at perigee:

o

for eccentricity > 0

(3.2-2)

and #_k/ = -- %/ £_-C for circular orbits, where,/ is

the gravitational constant, and _'_ and qS'_ are the radius and velocity

at perigee.

Eccentricity, e - thrusting circumferentially at apogee_ removing e/2

and then at perigee removing e/2:

re

lavl = _ e (-o-e + "u-_')
q

where_and _o_are velocity and radius at apogee°

(3.2-3)

Application of the above equation to data obtained from references 3.2-2 and 3.2-3

on the decay of orbit elements due to solar pressure, indicates that the _ V

required for stationkeeping is due almost entirely to the eccentricity correction.

Period corrections were very small_ and it was found after performing a linear

analysis that apsidal corrections could be contained in eccentricity corrections at

no additional/kV cost.

3.2-9



3.2.3 (continued)

Figures 3.2-11, -12 and -13 summarizethe results of this analysis. Eccentricity

perturbations are shownin figures 3.2-11 and 3.2-12. Figure 3.2-11 showshow
the eccentricity increases with time in orbit for different values of A/M. It

was found that_ within the accuracy of the available data_ curves for constant

A/M are straight lines independent of orbital altitude. The accuracy of this
assumption is illustrated in figure 3.2-12 which is drawn for 23 days in orbit
and on which are shownspecific data points. The_V required to correct the

eccentricity after 23 days in orbit is shownin figure 3.2-13 as a function of

orbit altitude. This dependenceon altitude can be inferred from equation 3.2-3

which contains apogeeand perigee velocities on the right hand side. (It should
be noted that the largest values of A/M probably will not exceed 4000 slug/ft2).

For 12 hour and synchronous orbits_ the data in figures 3.2-12 and 3.2-13 were

used to calculate the total stationkeeping propellant weight and total impulse

required over the full 180 day proposed mission. These quantities were calculated

assuming five stationkeeping maneuvers; i.e. no stationkeeping maneuver is performed
at the end of the sixth month whenthe mission nominally terminates. If the mission

is to continue any further it is assumedthat the CSMwill perform stationkeeping

for the sixth month. After each thrusting maneuver_the weight of the reflector

decreases, thus the value of A/M increases. For this reason, the propellant and

total impulse requirements include what is used for attitude control.

Figure 3.2-14 shows the total _ V required for stationkeeping for a 180 day

mission, under the above assumptions. Note that except for small reflectors

( _ _ i000 feet) theAV per month is not constant, but increasing each month.

The total lkV is shown for varying reflector diameters and orbital periods.

Higher orbits, which have lower orbital velocities, require smallerAV.

The total stationkeeping propellant weight ('solid lines) is shown in figure 3.2-15

as a function of reflector diameter. The dashed lines show the total propellant

used for stationkeeping and attitude control. The propellant weight per month

is a slowly decreasing function but may be assumed constant for _ _ 2000 feet.

As in figure 3.2-14, highest values of propellant weight are found in lower orbits.
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3.2.3 (continued)

In figure 3.2-16 the total impulse is shown in the same format as was the propellant

weight in figure 3.2-15. These values of total impulse are used to find the

required total propulsion system weight from figure 3.2-17. The total impulse

capacity is shown to be increased by adding sets of LM tanks (i.e. two oxidizer,

two fuel and two helium tanks) as required.

3.2.4 Stable Orbits

In section 3_2.3 the perturbations of circular orbits were described, and it was

seen that the two most important perturbations, eccentricity and apside location,

exhibited cyclic behavior. After 180 days the eccentricity reached a maximum

value and after one year returned to zero. Similarly the line of apsides advanced

for the first half year and regressed back to the initial value during the second

half. It seems probable, then, that some value of eccentricity yields an orbit

which remains unchanged relative to the target at midnight under the influence of

the perturbing forces considered° If such stable orbits do indeed exist,

stationkeeping requirements could be greatly reduced, yielding significant savings

in propulsion system redesign and total system weight.

The existance of numerous near-stable orbits was established in reference 3.2-3_

Therefore, an attempt was made to determine the elements of a stable 12 hour orbit

for an ii00 foot reflector based on an initial value for A/M of 1153.8 ft2/slug.

It was not possible to determine this orbit exactly in the time available, but a

near-stable orbit was computed with apogee and perigee altitudes of 11726 and 10086

nautical miles respectively.

Time histories of the parameters of this orbit are given in figures 3.2-18, -19

and -20, for 180 days in orbit. Figure 3.2-20 indicates that the near stable orbit

yields favorable coverage for nearly 6 months_ Plotted are the central angles

between the target and the salellite at the astronomical twilights,_- T (P.M.)

and /k_--_- (A°Mo). Also included is a time history of time,-_-_ c , during

which there is no coverage_ It can be seen that from the 130th day, a significant

increase in loss of coverage appears_ resulting in a i.i hr maximum coverage loss

on the 180th day. Improved definition of the initial elements of the stable

orbit should improve the coverage toward the end of the 6 month period_



3.2.4 (continued)

LM Stationkeeping Capability

Due to the apparent sensitivity of the stable orbits to initial conditions and

vehicle parameters_ the capability of the LMRCS system to perform stationkeeping

maneuvers was evaluated. After deployment of the reflector it is estimated that the

LM RCS would have 500 ib of propellant available for stationkeeping maneuvers.

This would then provide a/hV capability of 162 ft/sec. Using equations 3.2-i_

-2_ and -3, upper limits on the amount by which the parameters inclination, period

and eccentricity may be corrected can be found. As indicated in section 3.2.3

apside corrections can be included in the eccentricity corrections at no additional

V cost . The results are shown below.

Parameter i T e

0.72 ° 0.48 hr .024Maximum

Correction

These values compare favorably with the six month perturbations found in the near

stable orbit discussed above.

Attitude Time Line: To establish the control system slewing requirement for the

12 hour, 28.5 ° inclined stable orbit discussed above_ the attitude time line_ in

terms of Right Ascension and Declination of the reflector unit normal_ was

generated. Figure 3.2-21 is a typical attitude profile for 2 days of operation

following the vernal equinox. It became evident that the control system propellant

quantities computed for circular equatorial orbits would be satisfactory for

preliminary sizing of the system. Therefore_ the trade-off studies discussed in

Section 3.2-4 involving control system requirements and satellite orbit altitude

for circular equatorial orbits apply to the stable inclined orbit.

3.2.5 Torque Environment

External Torques - The primary sources of external torques acting on the vehicle

are gravity gradient and solar pressure effects.

The gravity gradient torques acting on the vehicle were determined from the

following expressions:
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3 _2,5 (continued)

My = 1o605 x 10-8 all a13 (Ixx-Iyy)
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I
I

= cos _ cosSU

= sin @ cos _ + cos @ sin _ sin

1 Jc 'where _D =- D__ ) 69 = _- _ 5 JC

K = Rorbit/Rsync h

(ft-lb)

Rorbit

R
synch

I and I
xx yy

a12

I
ZZ

M
x

= orbit radius (ft)

= synchronous orbit radius (ft)

= Inertias about the x and y axes respectively (slug-ft 2)

= 1.605 x 10 -8 all a12 (Ixx-lzz)

K3

= sin @ sin _ - cos @ cos _ sin

= Inertia about the z axis (slug-ft 2)

is assumed zero since I _ I
yy zz

The attitude angles from the attitude time lines presented in Section 3.2.2 were

substituted into the above expressions to derive the time history of the gravity

gradient torques. These time histories are shown in figures 3.2-22 through 3.2-27

for 24, 12 and 6 hour circular orbits respectively, The 12 hour stable orbit

torques will be similar to those shown for the 12 hour circular orbit.

The solar pressure torque acting on the reflector was approximated by the equation:

T = PL d2_q- cos2@ (sgn cos @)

s cp-_-

where

T
s

L
cp

d

is the solar torque (ft ib)

is the distance between center of gravity and center of pressure (ft)_

is the reflector diameter (ft)

3.2-13



3.2. 5 (continued)

is the pitch angle

and P = solar pressure 1.88 x 10-7 ib/ft 2
)

The time variation of this torque for the orbits considered is essentially

dependent on the orbit period because the pitch angle derived from the attitude

time lines can be approximated by a straight line. Plots of solar torque versus

time are presented in Figure 3.2-28.

Rotational Maneuvering Requirements

The slewing torque requirements are generated by the maneuvers necessary to orient

the reflector to direct the beam to the target. These slewing maneuvers are also

required when the target is not illuminated to ensure that the correct orientation

exists at the time the target is reaquired.

The time histories of the angular rates required to accomplish these orientations

are shown in figures 3.2-29 through 3.2-31 for the 24, 12 and 6 hour orbits

respectively.

The peak slewing torque requirements were derived from the rate change requirements

by determining the largest rate change required in the shortest period of time.

The peak torque obtained is summarized in the table below.

24 hr. 3.2 x 10 -9 1 ft-lb
YY

12 hr. 5.6 x 10 -8 I ft-lb
ZZ

6 hr. 1.7 x 10 -8 I ft-lb
zz

Peak Maneuvering Torques

Peak Total Torques

The attitude control torquer must generate torques which can offset the gravity

gradient, solar pressure, and maneuvering torques. Hence_ the minimum control

torque required for attitude control is:

Tp = TG + TS + T Mmax max max

3.2-14
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3.2.5 (continued)

where

T = minimum required control torque ft. lb.
P

TG max = peak gravity gradient torque fto lb.

TS max = peak solar torque
ft. lb.

TM max = peak maneuver torque
ft. lb.

The minimum control torque, Tp , is presented as a function of reflector diameter

in Figure 3.2-32 for the 24, 12 and 6 hour circular orbits°

Total Angular Impulse Requirements

In order to size the control torquer capacity, the total angular impulse was

computed in the following manner° The gravity gradient and solar torque time

histories were integrated over the duration of the mission (180 days) and the

slewing angular impulse was obtained from the expression:

Im: I _ (aS) i

where

I
m

I

(_ $)i

n

is the maneuver angular impulse - ft ib sec_

is the moment of inertia - slug ft2

is the th rate change - rad/sec

is the total rate changes for the mission (180 days)

The total angular impulse required is shown in figure 3.2-.33 for the 24, 12 and

6 hour orbits_

3.2.6 Conclusions and Recommendations

Based on the above parametric studies, the following conclusions pertinent to the

Able mission are cited:

o The minimum altitude at which one satellite provides full nightly coverage

is approximately Ii,O00 nomi. (12 hr orbit)

o Inclined orbits reduce the percentage time of the year in which loss of

coverage due to occultation by the earth's umbra exists.



3.2.6 (continued)

o The length of time per orbit in which the reflector is occulted increases
with increased orbit altitude

o Stationkeeping requirements associated with maintaining a favorable
circular orbit decreases with increased altitude.

o Stable orbits exist which theoretically eliminate the requirements for

stationkeeping

o Circular orbits will yield slightly higher illumination than stable orbits

of equal period.

Although a 12 hr orbit yields coverage from night to morning twilight, illumination

levels during the early and late periods of the night will be severely degraded. Hence,

the liklihood of a multiple reflector system for orbits with resonent periods other

than synchronous is high. In addition, the certain occultation of the reflector
at all altitudes supports the requirement for multiple satellites. For a 12

hour orbit inclined 28.5 degrees_ occultation periods of up to .94 hrs/orbit for

up to 52 days is possible.

The stationkeeping requirements for maintaining an effective circular orbit was

found to be large. Additional LMRCStankage or use of the LM ascent propulsion

tanks would be necessary. Hence_ it is recommendedthat the stable orbit concept

be adopted for the Able mission. Further study to determine the effects of off-
nominal characteristics of the reflector (i.e. degradation in reflectivity) on

maintaining the orbit should be performed to accurately determine the extent of

stationkeeping required.
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3.3 MANNED VERSUS UNMANNED MISSION

3.3.1 Mission Comparison

The differences between a manned and an unmanned mission start with the launch

configuration and terminate with the monitoring of the initial operational

phases of the ABLE mission. The six month operational phase would be

unmanned_ even for a manned flight. A comparison of manned versus

unmanned mission parameters is summarized in Table 3.3-1.

There are actually two manned mission configurations, single Saturn V launch

and dual Saturn V launch, as discussed in Section 3.5. The dual Saturn V

launch would actually be a combination of the features described in Table 3.3-i_

for both manned and unmanned missions, during the]aunch and orbital achievement

phases. Of course_ rendezvous and docking would also be required. Subsequent

to spacecraft docking in orbit_ the rest of the dual launch mission would be

identical to the manned Saturn V launch conditions listed in Table 3.3-1.

3.3.2 Potential Uses of Man

In "flying" a manned mission, one can take advantage of the greater flexibility

of having a "man in the loop", plus the increased overall reliability of the

manned mission (Section 5.4). In particular, for the ABLE mission, man's visual

observation and monitoring capability could be especially valuable since some of

the flight operational procedures, such as reflector deployment, would probably

never have previously been ground tested.

The major potential uses/advantages of man would be in the areas of:

o Control of reflector deployment and rigidization

° Checkout of ABLE LM subsystems

° Alignment of reflector and adjustment of tension

° Monitoring of intial operational phases

° Correcting failures_ or reducing their effects

° General verification of operations in areas difficult to ground test

3.3-1



3.3.2 (Continued)

Manhas the unique capability to provide on-the-spot analysis and decision

making_ in-flight schedule change_ and "trouble-shooting" and maintenance.
It has been found that the most reliable systems are those which incorporate

both a man-machineinterraction together with redundant modesof operation.

3.3.3 Preliminary Conclusions

The evaluation of the need for man to aid in implementing the ABLE mission

concept has resulted in the following preliminary conclusions:

° Man should be considered for the first ABLE flight(s)

° Man's value on subsequent flights requires further study

A program concept permitting a late discussion on manned versus unmanned ABLE

flights is therfore recommended. This would mean that the ABLE spacecraft

should be designed so that it could be flown on either a manned or unmanned

flight.

3.3-2
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3.4 RADIATION CONSIDERATIONS

3.4.1 Environment

The radiation environment that was used for this study came from two different

sources. One was the MSFC specified election and proton spectra for both 6,000

nautical mile and synchronous altitude near equatorial orbits.

The other was a projected 1968 environment for 30 ° inclination orbits at

altitudes from 6,000 to 18,000 nautical miles (Ref. 3.4-1) which was chosen in order

to evaluate the potential radiation hazard at altitudes between 6,000 nautical miles

and synchronous. The radiation spectra of Ref. 3.4-1 yielded dose rates from one to

two orders of magnitude higher than the above mentioned MSFC environment at the 6,000

nautical mile altitude. No direct comparison was possible at synchronous altitude.

The major reason for the difference is the difficulty in predicting the environmental

model for the 1968 time period since the environment varies drastically around solar

maximum.

Dose rate calculations were performed and evaluated from both spectra at 6,000

nautical miles, for the spectra of Ref. 3.4-i between 6,000 and 18,000 nautical miles

and for the MSFC spectrum at synchronous altitude. The effect of solar flare radia-

tion was ignored since_ relative to the dose rates from the nstu_at environment_ it

resulted in both:

o A low probability of receiving greater doses during the relatively

short duration of any manned portion of the ABLE mission and

O Much lower total accummulated doses averaged over a six month

unmanned mission.

3.4.2 Protection Criteria

The effects of the radiation environment on the crew, spacecraft equipment_

and materials located exterior to the spacecraft were considered in this evaluation.

3.4-I



3.4-2

3.4.2 (continued)

There are three possible locations for a crewman_on an ABLELMmission_ from

the point of view of having different equivalent protection from the space radiation.
They are_ in oder of increasing protection afforded_ extra-vehicular activity (EVA)_

inside the LM_and inside the CM. The estimated equivalent protection afforded a crew-
man in each location is summarized in Table 3.4-1. The equivalent shielding is defined

Table 3.4-1

Equivalent Protection

Location Equivalent Shielding

(gm/cm 2 of Aluminum)

EVA

inside LM

inside CM

0.2

0.6 (includes spaces_Jit)

4.0

as that thickness of material_ spread over a spherical shell_ that yields the same dose

rate at the center of the sphere as would be encountered inside the actual vehicle or

spacesuit. The value of 0.6 g/cm 2 inside the ABLE LM cabin is believed to be a repre-

sentative value for a suited astronaut. A value of 0.4 gm/cm 2 would be more appropriate

if the astronaut were in a shirt-sleeve environment.

The safe radiation exposure limit for the crew was taken as the average allowable

yearly dose which is summarized in Table 3.4-2 for the critical organs of interest.

Table 3.4-2

Radiation Exposure Limits

Critical Organ Average Yearly Dose (Rads)

Skin of Whole Body 250

Blood Forming (]3FO)_os _
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3.4.2 (continued)

Dose rates for the skin and eyes were calculated using the equivalent protection

summarized in Table 3.4-1. Dose rates at the blood forming organs (BFO) were cal-

culated by adding 5 gm/cm 2 of tissue equivalent shielding to the nominal thicknesses

listed in Table 3.4-1.

The potential degradation of ABLE LM equipment due to the radiation environment

was considered by choosing the class of low frequency silicon transistors as being

representative of the most radiation sensitive equipment onboard the spacecraft. Any

calculation of radiation damage must be performed on an individual component basis.

A specific transistor must be located inside its package within the spacecraft and the

equivalent shielding afforded it evaluated. Then the particular application of the

transistor within its electrical circuit and the margin available for its particular

application must all be evaluated to establish the critical radiation dose for damage.

Based on LM experience_ a damage dose of 105 rad behind an equivalent shield of one

gm/cm 2 was chosen as being representative of the most radiation-sensitive electronic

components onboard the ABLE LM.

The most radiation sensitive materials directly exPosed to the space environment

are mylar for the reflector system_ and the external thermal control coatings of the

spacecraft. A total accummulated dose of iO 8 rad was chosen as the threshold for dam-

age to the mechanical properties of mylar. The effects of radiation on the spacecraft

thermal control coatings is not well known at the present time.

3.4.3 Calculation Procedure

Dose rates behind aluminum shielding were computed for the various charged

particle environments (Section 3.4.1) at altitudes from 6,000 n.mi. to synchronous

orbit.

The assumed shield configuration was a spherical shell of aluminum with the

dose point at the center of the sphere. Electrons and protons were assumed to be

incident isotropically.

3.4-3



3.4.3 (continued)

The results are shownin Figs. 3.4-1 through 3.4-3 for the projected 1968

environment (Ref. 3.4-I) and in Figs. 3.4-4 and 3.4-5 for the MSFCspecified environ-

ment. Dose rates received by the crew, or by equipment, from electrons and protons

can be estimated from the curves by applying a factor of 0.5 to account for self-

shielding. The self-shielding factor is taken as one for the bremsstrahlung contri-
butions.

A summaryof the radiation dose rates for the shield thicknesses of interest

in evaluating the effects on the crew, electronic equipment, and reflector material
is shownin Table 3.4-3. The self-shielding factor of 0.5 was applied to the electron

and proton dose rates shownin the table.

Table 3.4-3

Radiation Summary

Altitude

(naut.mi.)i

m

l_ 6_ooo
ll,O0 0

:15;O00

2_ 6_000

[Synchronous

0.2 gm/cm2

Skin _,,-c_I

3 x 104i4.1

-<5 x 104 2.7

7 x 103 0.4

500 .o4

2 x 103 1.6

Dose Rates (rad/day

0.6 gin/c2

SkiniBrol
5 x I03 4.1

3 x 103 2.7

3 x 102 0.4

65 .04

90 1.6

4.0 gin/c2
Skin i P_?O

4 5 3.4

3 2.2

0.4 0.3

0.i .O5

1.8 1.3

1 gm/c 2 o gm/cZ

1.2 x 103 4 x 105

309 4 x lO5

20 i x 105

15 4 x lo5

4 6 x 104

(1) _ef. 3.4-i

(2) MSFC Specified Environment

The addition of 0.5 gm/cm 2 of shielding te the eyes when the crew is either in

the ABLE LM or EVA would reduce the dose rate at the eye by an order of magnitude and

make the skin dose the controlling factor.

3.4-4
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3.4.4 Evaluation of Radiation Hazard

It was assumed that the equivalent of 0.5 gm/cm 2 of eye protection would be

added so that the radiation exposure limit to the eyes would not be a controlling

factor in limiting the maximum crew time on the ABLE LM or for EVA.

The evaluation of the potential radiation hazards were based on the results

listed in Table 3.4-3 and the protection criteria of Section 3.4.2. The results are

summarized in Table 3.4-4. The maximum exPosure limits in the ABLE LM and during EVA

were constrained by the allowable skin dose. The maximum exposure limit in the CM

was governed by the allowable dose to the eyes. The major conclusions that can be

reached at this time is dependent to a certain extent on whic_ of the two radiation

environment models used in this evaluation_is employed. In either case it must be

recognized that the results are "order of magnitude" estimates.

Table 3.4-4

Maximum Exposure Limits

Maximum ExPosure Times

Altitude

(naut. mi.) EVA (hours)

_6_000

000

' ] 6_000

(i) _ynchronous

. --L

Crew Operations

inside LM

(hours)

inside CM

(days)

Sensitive

Electronics

(days)

!

I Mylar(days)

0.2 1.2 6.6 8o 25o

0.2 2 I0 330 250

0.9 20 67 5000 IO0O

12 92 270 6700 250

3 67 17 25000 1700

(i) Ref. 3.4-1

(2) MSFC Specified Environment
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3.4°4 (continued)

The major conclusions that are common to both environmental models are:

o The use of mylar is marginal at altitudes below synchronous

o There is no problem for the crew while in the CM

The MSFC specified environment, alone_ leads to the conclusions that:

o There is no problem for the crew while in the ABLE LM at

any altitude

o Limited EVA's are possible

o There is no radiation damage problem to equipment.

The major problem in evaluating the potential radiation hazard for the ABLE

mission is the uncertainty in the predicted 1968-69 environmental model. Unfortunately,

it is unlikely that any new emperical data will be available early enough to provide

statistical verification of any assumed model environment before major program deci-

sions have to be made to meet a 1969 launch date.

3.4.5 References

3.4-i Vette, J.j et al, NASA SP-3024, Vol. II, 1966.
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3.5 FLIGHT OPERATIONS

3.5.1 Ground Communication Coverage

For initial planning purposes_ the Apollo Manned Space Flight Network (MSFN) has

been investigated for fulfilling the primary ground communications and tracking

requirements for Project ABLE. The basic Manned Space Flight Network (MSFN) is

described and the ground station communication coverage available for a 28.5 de-

gree inclination orbit of altitude 6,000 n.mi. or greater is presented. In addi-

tion_ the possiblity of using the Satellite Control Facility (SCF) as a secondary

network is considered. The SCF support capability is based on the defense objec-

tive of the ABLE mission and the proposed incorporation of the Space Ground Link

Sub-system (SGLS) into the SCF sites.

In identifying I the USAF Satellite Control Facility (SCF)_ the present sites are

categorized with respect to "single" or "dual" spacecraft support capability; where

"dual" refers to two "single" stations co-located. It is assumed that upon Space

Ground Link Sub-system (SGLS) implementation_ the SCF/SGLS stations will retain

their previous "single" or "dual" capability.

3.5.1.1 Network Configuration and Capabilities

The primary MSFN configuration consists of fourteen stations which utilize the uni-

fied S-band (USB) mode of communications. Nine of these stations are characterized

by "dual" capabilities, which provide for tracking and communications support of

two vehicles within the antenna beamwidth. The "dual" sites are capable of receiv-

ing and recording four distinct S-band signals_ two of which may be processed in real-

time. The remaining five stations_ designated as having "single" capabilities,

provide tracking and communications support for one vehicle and may receive_ record

and process two distinct S-band signals. Table 3.5-1 identifies the stations com-

prising the MSFN and their respective capabilities.

The Air Force SCF network consists of seven Remote Tracking Sites (RTS), identified

in Table 3.5-2. Currently_ the RTS are being augmented with the Space Ground Link

Sub-system (SGLS) which operates on the same principle as the NASA/USBS_ ie._ ground/

satellite communications utilize a pair of coherently related_ multiplexed uplink

! Dept. of the Air Force_ AFRDDC; NASA Request for USAF Satellite

Control Facility Network Information, 24 August 1966
3.5-1



3.5.1.1 cont 'd

and downlink RF carriers. The SGLS coherent RF carriers will retain the basic

USBS baseband structure.

Table 3.5-3 lists several of the SGLS site parameters and indicates the corres-

ponding USBS characteristics. As indicated in Table 3.5-2 the SGLS "A" station

is comparable to the "single" USBS stations, ie., tracking support of one space-

craft tracking and communications support, similar to that provided by "dual" USBS

sites, is possible at the co-located sites ("B" stations) specified in Table 3.5-2.

The SGLS is marked by a high degree of similarity to the USBS; however, notable

differences are:

° Uplink carrier frequency

- USBS 2100-2110 MHz

- SGLS 1760-1840 MH_

° Digital Up!ink Command Mode

- USBS Phase shift keying (PSK)

- SGLS Frequency shift keying (FSK)

° Downlink non-coherent carrier

- USBS FM with multiplexing of data on carrier

- SGLS PM with PCM data directly modulated on carrier

3.5.1.2 Network Visibilities and Communication Coverage

During the initial phase of study, the visibility and communication coverage

available for orbits of 6,000 n mi. and 19_350 n.mi. altitudes with inclinations

of 28.5 ° or less ,ere examined. Subsequent planning considered that the ABLE

reference orbit may be elliptical with an apogee of 11,700 n.mi., a perigee of

i0,iO0 n.mi. and a inclination of 28.5 ° . Satisfactory ground station visibility

and communication coverage for 6,000 n.mi. altitude orbit will assure even greater

visibility and coverage for the elliptical reference orbit.

Figure 3.5-1 illustrates the approximate composite plot of the MSFN visibility

for a 6,000 n.mi. altitude orbit. (For the elliptical reference orbit, this

visibility contour would be expanded appreciably). It is apparent that continuous

coverage exists for a 28.5 ° inclination orbit of 6_000 n.mi. altitude or greater.

The small area exhibiting no-coverage (shown shaded) is considered negligible. The
i-2
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3.5.1.2 cont 'd

MSFN stations capable of affording continuous coverage in the Southeast Asia area

include Guam, Carnarvon and Canberra.

As a result of the orbiting reflector's high altitude, full MSFN ground communi-

cations are possible; thus providing full time command capability if required.

In the event that rendezvous and resupply with a second vehicle is required,

ground coverage, in conjunction with the MSFN capabilities, permit adequate support

of both vehicles.

An approximate composite plot of SCF visibility is shown in Fig. 3.5-2 for a 6,000

n.mi. altitude orbit. The no-coverage area for the 28.5 ° inclination is shown

shaded. As indicated, continuous visibility is not available; however, the no-

coverage area presented to the 28.5 ° inclination orbit is considered to be tolerable.

For the ABLE elliptical reference orbit, continuous coverage is possible in the

vicinity of Southeast Asia.

The "Dual" SCF support in the Southeast Asia area_ accomplished by two sites

affording simultaneous coverage (Guam and Mahe Seychelles), is marginal at

6,000 n.mi. altitude. For the elliptical reference orbit_ the visibility _ecomes

greatly expanded so that multiple SCF site support is assumed.

In comDarin2 the gCV ¢omposii_ vi_i_ili+y _a +h_+ re +h_ _ +_ 7_++_

to have only a slight advantage. The significant feature of the MSFN network

however_ is the general increase in operational capability produced by the greater

number of stations.

3.5-3 _



T_L_ 13.5-1

MSFN CONFIGURATION

MSFN

Station

Cape Kennedy

Grand Bahama Is.

Bermuda

Ant igua

Ascension

Canary Island

Madrid

Car arvon

Canberra

Guam

Hawaii

Goldstone

Guaymas

Corpus Christi

Dual (D)

or

Single(s)

D

S

S

S

D

S

D

D

D

D

, D

D

S

S
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TABLE 3.5-2

SCF CONFIGURATION

SCF Station

Kodiak, Alaska

Thule, Greenland

Anderson AFB, Guam

Mahe Seychelles Island

Vandenberg AFB, California

New Boston, N. H.

Kaena Point, Hawaii

"A" or "B" Station *

A

A

A

A

B

B

B

* An "A" Station is capable of tracking one spacecraft. A "B"

station is essentially a dual station, i.e., two "A" stations

co-located. A "B" station is capable of tracking two space-
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3.5,2 Operation Launch Vehicle Consideration

The feasibility and operational capabilities of single and dual launch Saturn

vehicles were investigated. The following Saturn V and uprated Saturn (IB)

configuration alternatives were considered:

° Single Saturn V Launch

- Direct ascent method

- Earth parking orbit method

o Dual Saturn V Launch

- Rendezvous in synchronous orbit

° Saturn V - Saturn IB Dual Launch

- Rendezvous in nominal low attitude parking orbit

The single Saturn V launch configuration using a parking orbit technique has

subsequently been selected for ABLE design reference purposes. The dual launch

alternative involving an uprated Saturn led to further consideration of the up-

rated Saturn as an economical developmental flight test vehicle for early investi-

gation of the basic reflector deployment and flight control characteristics.

The reflector flight test aspect is presented in Section 3.5.3.

3.5.2.1 Single Saturn V Launch

Direct Ascent - This alternative, for synchronous altitude, offers the advantage

of economics since only one launch vehicle is required with virtually no equip-

ment modification. In addition, launch pad activities are the same as those for

Apollo, and orbital operations are simplified since rendezvous-is not required.

The major drawback, however_ is low orbital payload (Table 3.5-4)_ the maximum

being 62,400 ibs for a 28.5 degree inclination orbit hovering at 108 degrees

east longitude. This allows 22,300 ibs for the LM/reflector/support structure.

Earth Parking Orbit - This alternative offers the same advantages as the direct

ascent method, plus the added advantage of orbital operations similar to Apollo.

Payload capability is also a drawback_ however_ maximum payload is 70_i00 ibs

for a 28.5 degree inclination, synchronous altitude orbit_ hovering at 105.5 degrees

east longitude (Table 3.5-4). LM/reflector/support structure allowable weight is

30,000 ibs.

3.5-7



3.5.2.2 Dual Saturn V Launch

The major advantage of this mission is payload capability. The maximumpayload is

70,000 ibs per vehicle for a 28.5 degree inclination orbit hovering at 105.5 degrees

east longitude. (Table 3.5-4). These profiles are similar to Apollo except for the

synchronous orbit rendezvous.

However, this alternative has several drawbacks. The first is economics, ie. two
Saturn V's are required. In addition to the launch vehicles, the costs associated

with the support of two Saturn V launches launched close together must be considered.
The other drawback is time between launches° This time for Launch Comples39

(Saturn V launches) is approximately 15 days because of the need to move the Mobile
Service Structure (MSS)from Pad A to Pad B; however, somerelief maybe obtained

by MSSschedule manipulation.

This mission requires orbital storage of the first vehicle for as muchas 15 days

because of the above Launch Complex39 turn-around time. During this period, the

LM/Reflector can be left in the S-IVB SLAand gravity gradient stabilized. This
would eliminate the need of mechanizing a system to remove the unmannedLM/Reflector

from the SLA. The various subsystemrequirements are the sameas those for a single

launch with the exception that the LM/Reflector may require equipment to be acti-

vated during this period; i.e., fluid system heaters, power supply, battery cooling.

A potential problem may arise from the two spent S-IVB stages which are left in
orbit in the vicinity of the LM/Reflector, since these vehicles could collide with

the reflector.

Earth Parking Orbit Rendezvous- This alternative offers simpler launch complex ac-

tivities than the dual Saturn V launch. It also utilizes the existing Apollo pre-

launch, launch and mission operation experience gained during the Saturn IB (as well

as Saturn V) missions. The Saturn IB and Saturn V combination can place a larger

payload into a i00 n.mi. Earth Orbit; however, the Saturn V's capability to place

this combinedpayload into a higher altitude orbit is limited. Further study maybe

warranted to determine gain with respect to payload over a single Saturn V's

capability.

The major advantages and disadvantages associated with each single Saturn and dual

Saturn launch alternative are summarizedin Table 3.5-5.
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3.5.3 IM/Reflector Test Flight

Consideration has been given to conducting an early Saturn IB launched LM/Reflector

test flight to demonstrate basic Reflector deployment and flight operational capa-

bility. The purpose of this mission, an orbital test of the LM/Reflector, could be

achieved with minor modifications to a basic LM and with little impact to the pre-

sent NASA launch schedule. This mission would be similar to the currently planned

Apollo mission "258", a dual Saturn IB launch of an unmanned LM and manned CSM.

The short duration, low-altitude flight to test Reflector deployment and

operation could be flown using a LM Reflector and S-IB launch vehicle for

an unmanned LM/Reflector launch into earth orbit. This launch would be

planned in conjunction with an Apollo Applications mission so that the CSM and

crew could then rendezvous with the LM/Reflector for the deployment check.

The manned CSM would be utilized only after its main mission was completed.

The results of the mission would demonstrate the Reflector deployment and

rigidization systems in the space environment as well as the control capa-

bilities of the Reflector subsystem. The atmospheric environment in low

earth orbit is different from high altitude orbits in terms of disturbances.

However, the basic

° deployment and rigidization method,

° control characteristics under orbital space conditions,

° applicability of man to support initial operations of

large deployable structure

can be evaluated either directly or with well founded extrapolation. Further-

more, the presence of crewmen in monitoring the first deployment and operations

will provide first hand substantiation of ABLE design pract_e or enable design

modification of subsequent operational missions.

3.5.4 Manned Mission Operations

The prime responsibilities of the crew with regard to the ABLE mission is to

insure satisfactory deployment and initiation of the Reflector System. The

flight vehicle will have undergone a prelaunch checkout (as described in the
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3.5.4 cont'd

prelaunch operations sub-plan of Volume III) and have been subjected to the

launch-through orbital insertion/stabilization environments prior to the

manned inflight checkout.

3.5.4.1 Post-Launch Checkout

After canister outgassing, the LM will be manned for system and subsystem op-

erational checkout. Prior to manning, the CSM will pressurize the LM cabin.

The first crewman enters the LM cabin to conduct a LM subsystem status check.

The second crewman follows and assists in the LM/Reflector subsystem checkout.

The mated CSM/LM Reflector checkout will confirm post-launch subsystem opera-

tion before unmanned LM/Reflector separation and deployment. The crew will ex-

ercise the LM/Reflector control and maneuvering systems and monitor them in

conjunction with the ground command mode (through the LM's PCA and LGC.). This

test is to verify remote operations prior to Reflector deployment.

After subsystem checkout, the LM is prepared for unmanned deployment operations.

The ground uplink command section is activated. The IMU is coarse aligned

using the CSM as reference and then fine aligned by orienting the vehicle to

reference stars. The crew then puts the LM/Reflector in an attitude hold mode

before returning to the CSM.

3.5.4.2 Deployment and Rigidization

The deployment phase starts after the outgassing period has been completed; the

LM has been activated, checked out, and is on attitude hold. The two-man crew

has returned to the CSM and the CSM has undocked from the LM/Reflector. The

sequence of events of the deployment phase is described in the following para-

graphs and is illustrated in Figure 3.5-3.
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cont'd

The CSM transposes to the canister, which is attached to the

bottom of the LM descent stage. CSM approaches the canister

and attaches a line to the Reflector rings from the CSM. (The

line is designed to snap under tension before the Reflector

material tears).

m

!

I

!
!

i
!

2) The CSM then backs away from the canister to approximately

100-150 feet (until the line is almost taut) and initiates

canister deployment by automatic means. The canister opens

like a clam shell, which is hinged to the bottom of the LM

descent stage. The Reflector material springs out slightly

and is fully extended outward by the CSM slowly backing away

with the line attached to the Reflector. During this period,

pressurized helium gas from a tank in the LM descent stage is

commanded to flow into the extemding spokes of the Refl@ctor

to provide some torsional rigidity during this partial deploy-

ment. The CSM then releases the line from one of the two

Reflector rings.

3) The CSM maneuvers one end of the structure which is still

attached to the line, through 180 degrees to fully extend the

structure. At this point, the CSM releases the remaining line

and backs off to observe and monitor the remaining initial de-

ployment while station keeping in the vicinity of the LM.

4) Additional helium gas from peripheral tanks is commanded to slowly

deploy the structure outward to its maximum diameter by flowing

through the remaining two spokes_

!
I
I
i
!

5) After this deployment, the CSM docks with the LM, two crewmen

transfer into the LM in order to rigidize, align, and checkout

the system. The CSM remains docked to the LM during this phase,

if CSM thermal constraints permit. Approximately 24-hours are

allocated to accomplish this complete phase. Final rigidization

is done by using additional helium gas from the tank in the LM

descent stage to rigidize the Reflector support structure to the

yield point. This may require approximately 2-hours. After rigidi-

zation, the remaining time is utilized to align and checkout the

system for unmanned operation.
3.5-13



3.5.4.3 Post-Deployment I/N/Reflector Checkout

This phase of flight marks the first point where the ABLEsystem i.e., the

Reflector, the onboard supporting subsystems and the ground control network

can perform an end-to-end system checkout.

The chief elements of this mannedoperation checkout, i.e., those which con-

tribute to increasing the success of the nominal six-month unmannedoperational

phase are:

° Reflector structural alignment and C/O

o Solar Panel Deployment and C/O

° LM/Reflector Position Alignment

o ABLESystemMonitoring and MannedFinal Adjustment.

Each of these post-deployment checkout elements are described in the following

paragraphs:

° Structural Alignment and Checkout - The alignment and checkout

of the Reflector for initial operation is accomplished by the

crew through visual sightings, instrumentation monitoring and

communicationbetween the LM, CSMand the MSFN. The procedure
is as follows:

- Visual sightings are madeby the crew to check the structural

alignment of the Reflector and the results are transmitted
to MSFN

- Visual checks of sections of Reflector material are then made

to observe the degree of Reflector smoothness and to assess

the effects of micrometeoroid impact. This assessment is

repeated at intervals through this phase. The resulting

data are transmitted to MSFN.

- Alignment of the peripheral thruster clusters is then checked.

This is accomplished by pulsing each thruster and transmitting

the results of each test firing to MSFN.

, During the entire alignment and checkout procedure transducers

are utilized throughout the system to monitor the inflation

gas pressure, stress, strain and other parameters.
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3.5.4.3 (continued)

o Solar Psnel Deployment snd Checkout - Prior to separation of the

LM and the CSM, the LM solar panels are deployed. The crew monitors

the deployment. The checkout procedure consists of verifying proper

EPS operation while vsrying the position of the Reflector with re-

spect to sun angle.

° Position Alignment - With the LM/Reflector re-docked to the CSM,

the LM control modes are used in conjunction with the Reflector

thrusters to check for position alignment as follows: The LM

control modes include automatic and attitude hold. The auto-

matic mode provides the ability to maintain the vehicle in an

inertially-fixxed attitude, once that attitude has been attained.

The attitude hold mode of operation enables the crew to manually

maneuver and provide attitude-hold capability during non-maneu-

vering periods. The positioning initialization and check in-

cludes:

- Manually maneuvering the LM/Reflector combination to

check Reflector's attitude or position/keeping ability.

- Verification of automatic control mode in position

keeping

- Evaluation of the effects of environment and disturbances

on attitude hold mode

Using the LM to finalize the Reflector for the unmanned opera-

tional phase contributes positively to increasing manned mission

safety. Using the LM's maneuvering capability instead of the CSM

conserves the CSM's reaction controls and crew support expendables

for orbital return and re-entry.

° Monitor and Final Adjust LM/Reflector Operations - After deployment,

alignment and checkout of the LM/Reflector for unmanned operation,

the crewmen in the LM return to the CM; the CSM separates and sta-

tion keeps within the vicinity of the LM/Reflector for a period of

up to eighty hours. This period includes ten hours contingency

for docking and re-entering the LM in the event that further

adjustments of the Reflector are required.
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3.5.4.3 cont'd

During this phase of operation, the crew in the CSM will observe,

monitor and verify the satisfactory response of the LM/Reflector

to ground command control. Additionally, the effects of solar

pressure, gravity gradient, and thermal gradients may be evaluated

by maneuvering the LM/Reflector system as required and determin-

ing the resulting effects from CSM observations (by the crew) and

ground station monitoring.

After successful initial operation of the LM/Reflector, the CM and

crew return to earth and the LM/Reflector system continues un-

manned operation for six months. During this period, ground sta-

tionsperiodically monitor the LM/Reflector status telemetry, ob-

tain LM/Reflector tracking data and control the Vehicle's attitude

via uplink/downlink RF communications.
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3.6 WEIGHT

3.6.1 Weight Limitations

The maximum allowable Saturn V launch weight forward of the Instrument Unit

(IU) is ii0,000 Ibs. The maximum payload that can be supported in the SLA is approxi-

mately the earth launch control weight for the LM of 32,000 ibs. The change in the

c.g. of the ABLE LM with respect to the Apollo LM will influence the allowable earth

launch weight, but this is expected to amount to a negligible change.

The effect of these constraints on an ABLE LM with an inflatable spoke and torus

reflector configuration is shown in Fig. 3.6-1. The estimated weight of 9700 ibs. for

an ABLE LM exclusive of the reflector system is shown as the horizontal line in the

figure. A detailed weight statement for the ABLE LM appears in Section 5.5. The curve

in Fig. 3.6-1 shows the increase in total ABLE LM weight with reflector diameter. For

an ABLE LM/CSM single launch the maximum allowable payload weight is governed by the

SLA limit. This established the maximum diameter reflector for the spoke and torus

configuration. A weight statement for a sample ii00 ft. diameter reflector is shown

in Table 3.6-1.

Table 3.6-1

WEIGHT STATE_{ENT FOR ii00 75. DIAMETER REFLECTOR

Torus & Spokes

Stringer & Ribs

Spoke Insulation (to minimize temperature gradient)

Reflector

Negator Spings (8)

Peripheral Attitude Control Thruster Installation

(Propellant 552 Ibs., system 158 Ibs.)

Wiring (from LM to periphery)

Gas Bottle Installation (2 LM RCS Helium Tanks,

Valves, plumbing, etc.)

Misc. - ABLE LM attachments, thruster and gas bottle

installations, Local structural beef-up

TOTAL REFLECTOR

7080 Ibs.

4180

1280

3650

120

710

i00

30

250

17,400 ibs.

3.6-i
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3.6.1 (continued)

For a Saturn V unmanned ABLE LM launch, the maximum allowable payload weight

is now governed by the launch vehicle stock limit of ii0,000 Ibs. This means that

reflector diameters of 3,000 ft. or greater could be accommodated,

An alternate tripod configuration, sized to give a reflector of equal surface

area to s torus configuration, was found to be about 24% lighter. This would yield

proportionately larger allowable reflector sizes for the manned ABLE LM/CSM configu-

ration.
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4.0 REFLECTOR/SUPPORT STRUCTURE

4.1 STRUCTURAL DESIGN

A number of configurations (see Figure 4.1-1) were studied and categorized

under three family types as either disc, sphere_ or hemisphere.

The disc configurations have a structural support system in the same plane

as the reflective surface. This results in large differences in moment of inertia.

The spherical configurations were studied in an attempt to negate the resulting

gravity gradient problem. The solution of this problem was accomplished at the price

of greatly increasing the gross weight. The _emispherical family designation is used

to denote configurations where the supporting sturcture is on one side of the reflec-

tive surface. These configurations were initiated to achieve a compromise to the

"high weight/high gravity gradient" problem.

The disc family has several advantages relative to the sphere or hemisphere.

These include:

o large diameters (greater than 400 ft) are feasible

o ease of resupply

o ease of deployment

o testing simplicity

The disc configuration is such that diameters as large as 3000 ft appear to

be feasible. In both the sphere and hemisphere, weight and the physical size of the

support members would probably become prohibitively large for reflectors of this

magnitude. In the disc configuration, the consumables would be located at the center

of the disc and access by a resupply vehicle could easily be accomplished. The disc

shape also simplifies deployment, as compared with hemisphere, because of the absence

of large structural members normal to the plane of the reflector. The inherent two

dimensional shape of the reflector and structure would simplify the testing of the

configuration, either on a scale model or on the full scale vehicle

Two disc configurations in particular were studied in more depth. They were

referred to as the "torus and spoke" and the "star".
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4.1.1 Torus and Spokes

This configuration shown in Figure 4.1-2a consists of an external torus,

internal torus (HUB)_ a number of spokes extending radially between the torii, and

reflective surfaces between the spokes. The spokes are the structural elements

that carry the bending moments due to control forces. One approach to the structural

configuration of the spokes and torus, is a composite "Aluminum Kapton-Aluminum".

This material would be rigidized by pressurizing to the yield stress of the aluminum.

Another approach might be the "stringer-frame" concept, where small diameter frames

and stringers would be judiciously located on the spokes and torus. These frames and

stringers would than be rigidized by pressurization. Inflatable type support structures

were chosen over other rigid types for several reasons. These include:

structural efficiency

packaging efficiency

length of straight members not limited

existing state of the art (Echo)

physical simplicity of deployment

4.1.2 "Star"

This configuration shown in Figure 4.1-2b is similar to the torus-spokes

except that the external torus is deleted. One advantage of this concept over the

"torus-spokes" is that the reflector must be joined to two edges of the torus-spokes

rather than three.

Study of the two configurations above indicated a major problem of thermal

distortions. One solution, appropriate isulation, is discussed in Section 4.3.

Another approach to its solution is the triangular configuration shown in Figure

4.1-2c. Utilizing the theorem of three points defining a plane, and applying a

load to the corners, the reflective surface will theoretically be in plane, regard-

less of the thermal deflections. There appear to be structural and mechanical pro-

blems created by this configuration, however. No in-depth study was made at this

time to quantitatively evaluate them.
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4.2 STRUCTURAL ANALYSIS

This section presents structural analyses of two general configurations:

o a circular reflector membranesupported by a torus with four spokes

o a triangular reflector of equivalent area supported by three spokes

intersecting at the center of area

The basic material used for the structural supports for the above configurations

is aluminum-mylar laminate, which is stressed above the yield during erection to

obtain rlgidization of the material. The aluminum layers are each 0.0005 in. bond-

ed to a layer of 0.00035 in. mylar. The structural supports are twenty foot

cylindrical tubes made of the above material stiffended by 5 inch diameter rigidized

tubes in the form of stringers and frames. The reflector membrane is made of

aluminized Kapton with a thickness of .00035 inches.

The effects of gravity gradient loads, solar pressure, thermal gradients, membrane

tension forces, membrane deflections, natural frequencies and creep were studied.

The results of this analysis indicate that the deflection of the overall system is

primarily due to thermal gradients in the spokes, in addition to manufacturing

tolerances. The effect of solar pressure and gravity gradients on deflections is

small. The analysis also indicates that reflector membrane tensile loads are strong-

ly influenced by the manufacturing tolerances; large tolerances can induce high

tensile stresses.

In addition to the structural cross sectional arrangement mentioned above this

investigation also included a study of a stabilized structure utilizing internal

pressure. If a pressure of 2 psi could be maintained in the reflector support struc-

ture, the allowable bending moment in the torus and spokes for the twenty foot diameter

section can be increased by a factor of 1.5 over the unpressurized structure. However,

consideration must be given to the weight of gas necessary to carried to maintain

pressure lost due to meteoroid penetration. A study of this effect was made for the

one year life requirement. The results of the calculation showed that approximately

1.5 x 106 ibs of pressurization gas would be necessary in order to maintain the

required pressure. In view of the excessive weight, this structural system was not

considered feasible.
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4.2 (continued)

A structural efficiency study was also conducted on a photolyzable film _ire mesh

concept for a rigidized structure. A comparison using published compression data

was made for a photolyzed _rlre mesh cylinder and an aluminum foll cylinder. The

result showed that the aluminum cylinder was Capable of carrying a largercompressi<_.i

load than the _rlre mesh structUre.

Finally, early consideration was also given to a support structure consisting of

aluminum mylar laminate cylinders without internal pressure. However, this struc-

ture results in extremely large r/t values giving negligible values of bending stress

allowables.

It is concluded from the analyses and studies carried out under this program that

it appears structurally feasible to design and fabricate an expandable structure to

carry out the assigned mission. The more promising structural arrangements are

analyzed in the remainder of this report, i.e. the torus-spoke configuration and

the tripod configuration. It must be noted, however, that problem areas still remain

for further study. These include the foiloving:

o bending and compression buckling test data

o more accurate analyses of the effects of manufacturing tolerances

o detail static and dynamic analyses of the effects of load and

thermal disturbances

o materials creep data and creep deformations.

4.2.1 Basic Structural Cross Section Propertie s

A typical structural support system for the reflector membrane consists of a 20 foot

diameter aluminum-mylar laminate stiffended by 5 inch diameter aluminum-mylar lamin-

ate tubular stiffener. The 20 ft. diameter was selected after preliminary analyses

shoved a good ratio of buckling stress to veight. Five inch diameter tubular frames

are also incorporated circumferentislly around the 20 foot tube to provide stiffener

and shell stability to the structure. For rlgidization, separate pressures will be

required for the 5 inch diameter tubes. The laminate section used throughout this

analysis is two external layers of .0005 inch alumlnumbonded to a core of .00035

inch mylar. A cross sectiQn iS sho_n in figure 4.2-1.
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4.2.1 (continued)

A stress-strain curve for the Echo II laminate, which was .18 mil aluminum layers

with the 0.00035 mil ylar, is shown in figure 4.2-2 as taken from the indicated

reference.

Also taken from the same reference is a curve of compression buckling stress versus

the r/t of the cylinder figure 4.2-3. These data have been used in this analysis

to substantiate the structure of the vehicle. Future studies will be required to

show that data taken from the references can be verified by additional development

testing.

Properties of Cross Section of Torus and Spoke Members

The basic structural material consists of an aluminum mylar laminate with

the following thicknesses:

Material:

0.0005 aluminum

0.00035 mylar

0.0005 aluminum

0.00135 total thickness

For purposes of this analysis it is assumed that the structural material

thickness is O.OOlO since only the aluminum thickness is considered for

structural purPoses. This is a conservative approach.

The stringer is a 5 in. diameter tube of the same material as above with an

area of 0.0157 inches square.

In order to compute the allowable bending moment, the following calculations

were performed:

Member Area _ Ay : A___y Ay_.__2

l .0078 120 .94 ll7 .9l 107

2 .0157 ll2 1.76 109 l.T1 ,_:_

3 .0157 93 1.46 90 1.41 127

4 .0157 64 1.00 61 .96 59

5 .0:57 27 .42 24 .38 9

4.2-3



4o2.1 (continued)

Member
6

7

8

9

10

.0157 -13 -.204 -16 -.25 4

.0157 -51 -.80 -54 -.85 46

.0157 -84 -1.32 -87 -1.37 I19

.0157 -i17 -1.84 -120 -1.88 225

.0078 -119 -.93 -121 -.95 115

.1413 .45 997

= 3

2
Area of skin = 2_rt = 6.28 x 120 x .001 = .754 in

Total Section Area = 1.04 in2 including all Skin

Total Section Area = .282 in 2 without Skin

Inertia of skin =Tfr3 t = 3.14 (120) 3 .001 = 5430 in4

Total Section Inertia = 7424 in 4 including skin

Total Section Inertia = 1994 in4 without skin

Using these section properties, the allo_sble moment which can be carried

by the spoke or torus can be comPuted as follows:

r

Allowable stress for _- = 2.__5 = 2500
.OO1

F = lO00 psi from buckling stress vs r/t curve figure 4.2-3
C

Mc

c I

M lO00
1994 = 16500 in. ib or 1375 ft lbs.

X

121

using safety factor of 1.35 M = 1020 ft. lbs.

4°2.2 Investigation of TorusrSpokeSup?orted Reflector

The torus spoke configuration consists of the torus outer ring, four spokes and the

reflector membrane as shown in the sketch. The selected diameter for this investiga-

tion is llO0 ft.

4.2-4
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4.2.2 (continued)

20 FF DJA CYL/ND_

\ 2oPt D/_ SPoK_

C7-0 _ /y Et_l3P.A IV

This configuration is analyzed for deflections and stresses due to:

1. Reflector membrane tension load

2. Grsvlty gradients

3. Solar pressure

4. Thermal gradients

5. Natural frequencies

6. Creep ..

The analyses shows that critical stress conditions are predominant under action

of the membrane tension load while the major contribution to deflections is caused

by thermal gradients through the twenty foot diameter cross section.

4.2.2.1 Influence Coefficients and Deflections

In this study the torus spoke configuration was analyzed to obtain the structural

influence coefficients and to determine the deflections due to gravity gradient forces.

The structural model used was a 3000 ft. four spoke torus with a constant circular

cross-sectlon of 30 ft. diameter. While the latest investigation is for a llOO ft.

diameter torus with a 20 foot diameter cross-sectlon, the results of this analysis

show that deflections due to gravity gradlents would not be significant in either

case. A synchronous orbit was chosen for the example. The magnitude of the gravity

gradient at 45 ° to the orbit tangent was then defined and resultant deflections

obtained.
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4.2.2.1 (continued) I

From the _trix analyses sho_ in the _pendix for co_lex structures, a _the_ti- I

cal model _s chosen with _ node _oints r_resenting the torus and 13 node •points

representing the 4 spokes. Since both torus and spokes have identical cross see- I

tions, the element areas are constant. _us,

A x-sect" = _ =_(30 x 12) ('0006) = "678 in'2 I

The model is assumed to be fixed at the center node of the struct_e in six degrees

of freedom. The remaining nodes are ass_ed free in six degrees of freedom. A unit I

normal load matrix was then applied to the torus and resulting deflections were

obtained. The t_ical deflection pattern due to a unit load discreetly appl_ed is I

25.4 inches. It should be noted that there is no applied load of this magnitude

applied to the end of a spoke due to any design condition. I

A load matrix representing gravity gradient forces was then applied to the structure•

The deflections due to this loading conditions is 0.093 inches. I

4.2.2.2 Analysis of Me_rsne Preload Effect On Suppo_ Structure I

The solution for s pressure stabilized torus and membrane is given in section

3.4.2.2.8 of U_F ASD-TDR-63-4275 Part II. I

\,\ _/I L_EFLECTOR

The initial radius differences between membrane and inner torus is given by t
O

The constant prestretching force in the membrane is N s.
I

I
4.2-6
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4.2.2.2 (continued)

|

_" The degree of prestretching in the membrane Is given by:

_s F1 R + 2 _ Cl "q
_-- L_ r _-_ , -_4)J ts =

were: Er = 2.6 x i0 psi

!_ I Es = 5 x 105 psi
tr = .OO1 inches

_:__ ts = .00035 inches

='3

I R = 6600 inches

r = 120 inches
I For this analysis it was as _u_ .d th ; t '_

I to give a torus skin stress level of 5000 psi.

Substitution into the equat on gives the 'elat

I the initial radius difference

N s = .0206 t o + .0593

I This is plotted in the figure 4.2-4.

I Since _ressure is maintained in the above anal

membrane load versus radius dimensio_ dif _erez

I given by the following solution

, /// - :
I Ws

2 Erto r
tr + P (I_2M)
R2

For this analysis it was assumed that thetorus pressure was maintained at a value

Substitution into the equation gives the relation between the membrane load and

Since _ressure is maintained in the above analysis, an approximate solution for the

membrane load versus radius dimension difference wlthouttorus pressurization is

r -R=t
o

= iniZial difference in radii

dimension of sheet and torus

inches

uniform load in sheet ibs/in

deflection in sheet, radial inches

deflection torus, radial inches

+W t _ 2 to



4.2.2.2 (continued)

Using the standard deflection equations:

2
W = N 2R Wt = 2 N rS S S

E A t Etts s

2
N R Nr
S + S = t

O

E At Etts s

2
Ns o + = t

-T At Et ots s

t

_ r + oNs E t E
S S S S

+

2
r -_ = t

At Et _ o •

Ns [ 6600
•00035x5xlO5

t (6600)2 ]+ o + t

.ooo35xsxlo5 _2.5xlo61--o

N E __o + 17.4] = t
s 37.8 + t

175 a

N t
S O

-- + 55.2 N : t
175 s o

t + 9670 N ; 175 tNs 0 S 0

The results of this equation are very close to the values plotted in the figure

4.2-4 It should be noted that high membrane load can be induced by a relatively

low fabrication difference in radius.

Che effects of creep deflections have not been included in this analysis due to

the lack of adequate creep test data for extended periods of time and in biaxial

_irections. Additional studies must be carried out to determine the effect of

creep on deformations of the reflective membrane.

4.2-8
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4.2.2.3 Combined Bending and Axial Loads In The Torus Spoke Configuration

The permissible tensile stress in the membrane sheet will be limited by the stresses

induced in both the torus shell and the spoke shell. The tensile load in the sheet

induces bending moments and axial forces in the torus as well as axial loads in the

spoke member. Following is an analysis of the stresses induced in the torus due to

the hoop compression caused by sheet tension. The sheet tension is assumed to be

lO0 psi or an axial load of approximately 0.030 lbs per inch.

Because of the presence of the spokes, the torus undergoes not only comPression but

also bending.

spokes:

Take as a free body_ s portion of the torus which includes one of the

From Timoshenko "Strength of Materials" Part I, there can be no shearing stresses

over the cross sections A & B because of symmetry. The longitudinal force N at any

cross section is given by:

I N = No cos @ + 2 QR sin 2 _ = QR - X cos ¢ (1)

2 sin _(

I

I
I

I

The bending moment for the same cross section is given by:

M=M -__ (1-cos4_)÷2_2sin2 _/2
o o

= M + XR sin 2 _ (2)
o sin O( 2

Assuming identical spoke and torus cross sections it can be shown by strain

energy methods similar to those given in the above reference that:

I
X= QR

(A/I) R2 f2 (_) + i + fl (O4)

(3)

I M ° : - X-R f3 (C_,)2

I

(_)



4.2.2.3 (continued)

fl (o_) : i (sin2_ + __ (5)2 sin_ _( 4

= i (sin2_ + 2o____)- 1 (6)f2 (_) '2 si_ 4 " 2----_

f3 (_) = 1 - _ (7)
sincJ_

I
For a value of _ = 7160 in 2 the compressive force can be approximated by

N = @jR with an error of 2¢ or less for reflectors 1,000 feet in diameter or

grea±er. For the following configuration:

R : reflector radius : 550 ft.

_.= 45 degrees (4 spokes)

2
I = Inertia/area = 7160 in

A

Q = membrane running load = 0.03 ib/in

fl (04) = 0.643

f2 (o() = 0.00608

f3 (0_) = 0.141

The reaction on the spoke is from (3)

x = .03 (55o x 12) d

(550 x 12) 2

716o

.00608 + I + .643
x

= 198 = 5.14 ibs.

36.9 + 1.643

The bending moment at center span from (4)

M = - 5.14 x (550 x 12) x .141 = - 2390 in - lbs.
o

2

4.2-10
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4.2.2.3 (continued)

The compressive force at center span is from (i)

N = (.03 x 550 x 12) - 5.14 (cos) = 198 - 3,6 : 194.4 ibs.

o 2 sin 45 °

The bending moment at the spoke is from (2)

M = - 2390 + 5.14 (550 x 12) sin 2 (22.5 °) = - 2390 + 7050 = 4660 in - Ibs.

s sin (45°)

The compressive force at the spoke intersection is from (i)

N = (.03 x 550 x 12) - 5.14 cos (45 °) : 198 - 2.6 = 195.4 lbs.

s 2 sin 45 °

IC;_411_--_-,..L_/ / ,4"_,.--- (_ ---,o.3

¢k_ AI94,4 I1,_

The member internal forces as given by the above analysis are shown on the free-body

diagram and the resulting stresses are given below.

Stresses in Torus Cross Section

M = 4660 in -ibs. moment in torus at spoke intersection
S

Ns = 195 ibs. axial load in torus at spoke intersection

The bending and axial stresses induced by the above are:

fb = 4660 x 121 = -283 psi
1994

f = 195 =
c _6

-690 psi

-973 psi compression total

The allowable compression stress:

r/t = 2.5 = 2500
0.001

f = i000 psi from Schjeldahl data (figure 4,2-3)
C

I
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4.2.2.4 Deflections Of The Reflector Sheet Due To Gravity Gradient And

Solar Pressure

An investigation of the deflections of the four spoke-torus reflector was made

in order to obtain an estimate of required membrane tensions. It was assumed

that the spoke and torus were relatively stiff in comparison with the reflector.

I

I

I

The deflections, Z, pez_endicular to the plane of a membrane are given in polar I

coordinates (f , _) by: ?_ @ i _ .f. I _._ez.

,, 2"

where w = applied load - ibs/ft 2

s = membrane running load Ibs/ft.

For a one-quarter segment (see Figure below') influence coefficients for 9 points

were obtained using the finite difference operator of "Numerical Methods in Engineer-

ing"_ Saivadori and Barton, with unit applied load about each point. Multiplication

of the influence coefficient matrix by the appropriate load matrix gives deflections

due to gravity gradient and solar pressure. These values are 2.15 x 10 -5 ft. and

7.25 x 10 -4 ft. respectively.

T DEFLECTION PoJN T-._

in order to remove wrinkling it has been estimated that a membrane running load of

0.035 ibs/in is required. For a II00 ft. diameter, i/3 mil Kapton reflector;

R = Radius of reflector = 550 ft.

m = Reflector density = 0.0026 =

32.2
.807 x 10 -4 slugs/ft 2

S : Membrane running load : 0.035 x 12 = 0.420 Ibs/ft.

w = orbital frequency = 2 = 1.45 x 10 -4 rad/sec 2 ( 12 hr. orbit)

_2 x _o x60
4,2.12
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i _ 4.2.2.4 (continued)

lI The maximum deflection due to gravitygradlent is:

deflmaxg.g" = O.0321 x .807 x l0"4 (550) 3 x (1.45 x 10"4)2/.420 = 2.15 x lO -5 ft.

The maximum deflection due to a solar pressure of 13.12 x lO -lO psi is:

:: defl = .0.O533 x 13.12 x 10 "lO x 144 x (550) 2 = 7.25 x l0 -4 ft.

i • max s .p.

These results indicate that the membrane tension requirement will primarily be

determined by the tension necessary to remove initial wrinkling. This requirement

could be lowered several orders of magnitude before deflections of the reflector

sheet due to gravity gradient and solar pressure begin to approach those due to

temperature gradient and manufacturing tolerances.

4.2.2.5 Deflection In Spoke Beams Due To Thermal Gradients

The thermal gradient through the cylindrical spoke members will induce deflections
which will degrade the reflective capability of the reflector surface. For this

analysis it is assumed that the LM is attached at the center of the support structure.
The analysis may be considered applicable for either the star or'torus, configuration

inasmuch as it is assumed that the torus does not provide resistance to the spoke

deflection. The thermal gradient is assumed linear from which it is concluded that

thermal stresses do not exist since the deflection is unrestrained. The spoke is

be a twenty foot
I assumed to diame_r circular cylinder of rigidized aluminum-mylar

laminate. _._ _/

d,s = l-de

I

I

| / t"-- sPoK 

!

4.2-13



4.2.2.5 (continued)

Momentdue to the thermal gradient about the centroid of the section:

M = o(E _LT(y) t ds y

. IT _ITM=C_E,Io T(@) t r d @ r cos @ = @(Err2 T(@) eo_ @ d @

Temperature distribution across the beam section:

X

i
T(y)= To (l+ Y) ; T(@)= To (i+ rcos9) = To (I+ cos@)

Y V --7-- T

M : 2O(E t r2_ To (i + cos 9) cos @ d @ = o( Etr 2 To cos@d@ + cos2@d@

% V

M = _E t r2 To ; Moment of inertia = _r3t
2

The deflection of an unrestrained beam heated by a linear thermal gradient is

equivalent to a simply supported beam loaded by equal and opposite end couples,

where the moment is given by able. I
I_ _I

E t r2 T o 12

8_ r3tE

w = _ To 12

-_- D-

I

I
I

I
I
I
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4.2.2.5 (continued)

The results of this equation are plotted in figure 4.2-5. A ten degree thermal

gradient is maintained in the structure throughthe use of "super insulation"

wrapped around the support structures. The insulation consists of layers of

mylar O.125 mil thick aluminized on both sides.

4.2.2.6 Loads Due To Station Keeping With LMRCS Engines

I

V"

In order to determine preliminary loads due to LM RCS firing, the LM-Reflector

combination of figure la was represented by the mathematical model of Figure lb.

This model will give an approximation of behavior due to first in-plane bending

mode.

If Y = X2 - X I is the relative displacement between the masses it can be shown

that due to a unit impulse that:

Y = 1 sin_ (1)
M2w

where w = K

(MIH2/(M1 + _2))

YI = FO ( i - cos w t ) for t < To (2)

Y2 =

I

Fo 12(1 - cos w T o) cos (w t - o() for t>t o

V
4.2-z5

(3)

With the use of Duhamels Integral the response to a force as shown in Figure is:



4.2.2.6 (continued)

= sin w TO
i-cosw TO....

m

as w To--_O) (e.g., wTo < .l_'r )

Y1 = Fo w2To 2 = Fo To 2 (4)

M2_ 2 2M 2

Y2TFo To sin w t (5)

M2w

Assuming a fixed end condition between the torus and spokes and assuming a

rigid torus

k : 48EI (6)

RY

and

m = max bending moment = 6EIY max

R--W-
(7)

For the following parameters:

R

E =

I =

M I =

M 2 =

Fo =

Reflector Radius = 550 ft.

Modulus of elasticity of spoke = 2.6 x 106 psi

Moment of inertia of spoke _ 2000 in 4

= 41.5 #-sec 2

in

I_000 = 25.9 #-sec 2

in

I00 ibs = RCS thrust

4.2-16
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4.2.2.6 (continued)

The natural frequency is from (la)and (6)

w I__/48x 2000x 2.6 x l06 z
(550 x 12)_ x 25.9 x 41.5

67.4

= .233 rad/sec

f = .233 = .0370 cps
n 2_

The maximum moment is by (7)

M = 6 x 2000 x 2.6 x 106

max (550 x 12)2

(16.6 To) = 11,9OO To in-lbs.

The maximum deflection is by (5)

Y = iOO To
max

25.9(.233)

= 16.6 To inches

Using an allowable bending moment for the spoke of 12,240 in-lbs., the allowable

RCS firing time for the assumed configuration is:

To = 12_240 1.O3 sec
11,900

For smaller reflectors_ the firing time increases. By comparison, the mimimum

engine firing time is 0.040 seconds. Further analysis of firing frequency effects

is recommended when total impulse requirements for near stable orbits are obtained.

4.2.2.7 Deflection Due To Solar Pressure

The solar pressure is a result of the momentum of the proton stream from the solar

radiation with its magnitude depending on the surface angle of incidence and reflec-

tivity. It is assumed for this analysis that the bow linear momentum of the other

solar particles, such as protons and electrons are insignificant and will not be

considered. The load per square inch of surface for the solar pressure is taken as:

P = 13.12 x lO -lO ibs. per square inch.

h.2-17



4.2.2.7 (continued)

For this preliminary analysis, it is assumed that each spoke supports one quarter

of the total pressure applied at the centroid of the circular sector.

The force per quarter area is:

i0 -I0F = ¼ (13.12 x x]_(6600) 2) = °045 ibs,

The distance from the center of pressure to the center is:

i = 2 I" = 2800"

3

= P 13 = .045 x (2800) 3 = 0.062 inches at load

P 3 E----_ 3 x 2.67 x 1(% x 2000

deflection at tip = 6600 x 0.062 = 0.146 inches

2_

The deflection due to solar pressure is therefore negligible.

4.2.2.8 Total Deflection Of Support Structure

Deflection of the support structure due to gravity gradient is approximately 0.09

inches, due to solar pressure about 0.15 inches_ but 12 inches deflection due to

thermal gradient of IO°F for insulated structure.

The deflection of the membrane due to gravity gradient and solar pressure is

respectively 2.15 x 10 -5 ft and 7.25 x 10 -4 ft.

The above results show that the major consideration for deflection is the thermal

gradient.

4.2.2.9 Creep

The basic support structure and reflector membrane should be analyzed for creep

deformation. The time temPerature and stress level for each comPonent must be

evaluated to arrive at rational value of creep deflection. In the case of the

reflector membrane the tensile stress assumed to provide good reflective qualities

is i00 psi with a temperature of approximately 350°F. Material creep data will

have to be obtained for the total mission life for proper evaluation of design con-

ditions. Data at these conditions does not currently exist for the planned materials

applications. 4.2-18
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4.2.4 Tripod Configuration

The tripod configuration assumed for this analysis is based on a three-spoke

support structure which provides support for an equilateral triangular reflector

membrane at the tips of the triangle. The plane of the membrane will be determin-

ed by the plane defin_by the tips of the three spokes.

_<////_ _ _o'a,_.

area = 949,850 sq. ft. equivalent to area of 1100 ft.
diameter circle.

A radial load of 434 pounds is required at each corner to maintain i00 psi membrane

tensile stress in the reflective surface. The i00 psi stress is assumed necessary

near the center of the triangle (at maximum cross section).

The solution given in Timoshenko

r

since 0"_
r

"Theory of ElasticitJ'

P cos @

tr (_(+ _ sin 2_ )

is a minimum at

=

_r = P cos
tr (¢_+ _ sin 2_)

for o<= 30 °

P = I00 tr

cos¢_

_r = I00 psi

(o<+_ sin 2_)

- 434 ibs.



4.2.4 (continued)

To determine the section properties, assumethe five inch diameter stiffeners
are O.O01 inch aluminumbonded to either side of the 0.00035 inch mylar. The
section area is then 2 x .282 = .564 in.2 and the momentof inertia is 2 x 1994 =

4
3988 in.

To determine the stresses due to membrane tension forces, the axial load in the

tubular members is 434 Ibs. For an eccentricity of 36 inches, the moment is

36 x 434 = 15650.

c_: 15650 x 120 434 = -472 - 770
3988 .5--6_

= -1242 psi

The allowable compression stress is:

r = 2.5 = 1250

t .002

F = -1700 psi
C

The results of the deflection analysis of the torus configuration indicated that

the most significant contribution to the total deflection is due to the thermal

gradient; the effects of gravity gradients and solar pressure are negligible. In

this case, it may be assumed that the deflection due to temperature gradient is

given by the curve presented in the analysis for the torus using the lengths given

for the triangular support structure. It should be noticed that in-plane motions

of the spoke tips do cause deflections in the reflector surface. For example, if

the distance between tips is reduced from 1480 ft. to 1478 ft., the reflector edge

can "sag" as much as 38 ft._

4.2-20
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4.3 THERMAL ANALYSIS

4.3.1 Reflector

The choice of a reflector material is dependent on the temperature extremes

that will be encountered. Reflector temperatures are dependent on the material

thermal properties and on mission orbital parameters A detailed discussion

of the reflector thermal analysis is contained in Appendix C.I

The reflector thermal design concept consists of aluminum vapor deposited

on both sides of a Kapton sheet (nominal surface _/_ = 4.0). This coating

results in a nominal maximum reflector temperature of 395°F. This temperature

is within the working range of Kapton (see Section 4.4).

4.3.2 Support Structure

For any given orbital position of the spacecraft, the heat flux distribution

around a cross-section of the support structure will be non-uniform. This

will lead to temperature differences within the structure and possible thermal

distortion problems_ The structural thermal design must be directed toward

reduction of these temperature differences within the cylindrical cross-sections

of the structure. A feasible thermal design concept follows. A more detailed

discussion of the support structure thermal analysis is contained in Appendix C.2.

The interior surfaces of the inflatable structure are coated with a "black"

material having an emittance of 0.9. The spoke protion of the structure is

wrapped with a super insulation blanket consisting of a number of layers of

aluminized mylar to provide isolation from the external non-uniform environmental

heat flux. For example, an insulation blanket consisting of a total of six

layers of crinkled aluminizedmylar used in conjunction with an internal surface

emittance of 0.9 will reduce the temperature difference within the structure

to a nominal value of 5°F with a range approximating ±2°F depending on factors

such as handling, uniformity of material properties, etc. Fig. 4.3-1 shows the

temperature difference within the structure as a function of insulation effective

emittance_ The particular value of effective insulation emittance can be

obtained by varying either the number of shields, the surface properties, or a

4.3-I
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combination of both. Fig. 4.3-2 provides information enabling selection of

a particular combination. Curves I and II provide the effective emittance

values for ideal thermal shields having the surface properties associated with

the materials described on the figure. Curves llI and IV present a more

realistic approach by including a wrap factor of 2.0 to account for additional

heat leaks resulting from outgassing orifices, conduction at insulation contact

points, etc. Fig. 4.3-3 shows the insulation weight as a function of the

insulation requirements for an example, i,iOO ft. reflector. In addition to

the above thermal control concepts, an external control coating on the external

layer of insulation ( _ / _ = 1.0) will maintain maximum structural temperatures

at approximately 75°F.

An alternate method of reducing temperature differences within the structure

has been suggested by the Goodyear Aerospace Corporation of Akron, Ohio. This

method consists of a composite of wire bonded to a cylindrical photolyzable

film tube. After inflation, the film is decomposed by solar radiation, thus

leaving only the wire mesh. This permits a more uniform heating of the structure

since the mesh is relatively transparent. No attempt has been made at GAEC

to determine temperature differences in this type of structure because of lack

of available information on structure construction, material properties, etc.

However, the concept of a photolyzable film structure is presented here as a

possible solution to the structural temperature difference problem.

4.3.3 Peripheral Thruster Impingement

In order to prevent the RCS peripheral jet plume from impinging upon the

reflector structure and subjecting the structure to localized high heating rates,

various protective methods have been investigated.

I

I
I
I

I
I
I

I
I

I

I
I

I
It is estimated that the peripheral jets may continuiously fire for as long as

30 minutes. Therefore, it is necessary to design the reflector structure

protective system for a steady state condition.

The simplest solution is to locate the jets far enough away from the reflector

structure so that the local structure temperature will be below 250°F, which

is in the upper temperature limit of mylar used for the reflector structure, thus

requiring no additional heat shield or insulation. Fig. 4.3-4 shows local reflector

4.3-2
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structure temperature as a function of jet location (distance from the

reflector structure). The data presented in Fig. 4.3-4 should be considered

as a conservative _pproximation of the actual conditions. The exhaust plume

profile used for the analyses was based on the LM RCS plume profile modified

for the expected combustion chamber thermodynamics properties. The heating rates

were also extrapolated from data compiled for the LM RCS engine plume heating.

If no restriction is placed upon the locations of the jets, a heat shield

comprised of 25 layers of 1/3 mil nickel foil covering a 10 ft 2 area in the

region adjacent to the jet is recommended. This heat shield can be collapsible and

would weight approximately 5.1 lbs per engine.

4.3.4 Peripheral Thruster Temperatures

During off periods the temperature of the peripheral thruster units can be

maintained within the limits of 40°F to 1OO°F throughout the orbit without the

use of auxiliary heaters. The maximum temperature can be held below 100°F

as long as the external surface has a thermal control coating with an

absorptance/emittance ratio below approximately 0.7. The minimum temperature

can be maintained above 40°F by utilizing the heat capacity of the thruster

equipment and further insulating it with approximately 3/4 inch of aluminized

mylar super insulation (lO0 layers/inch).

4.3-3
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4.4 MATERIALS
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Organic films were considered for the reflector material and for use in ex-

pandable support structure design. The principle properties of interest for

this application are low and high temperature serviceability, tensile strength,

elongation, creep, specific gravity, tear strength and radiation resistance.

In addition, other factors such as fabrication, width and thickness avail-

ability and cost must be considered. Of the plastic films presently avail-

able_ Mylar (polyester) and Kapton (polyimide) offer the best combination of

these properties. Comparative properties of Mylar and Kapton are shown in

Table 4.4-i.

4.4.1 Reflector

Since it is recommended that the film be reflective on both sides (Section 3.2),

it should be coated with vacuum deposited aluminum on both surfaces. The

aluminum provides the added function of protecting the plastic film from the

damaging effects of ultra-violet (U.V.) radiation.

When this reflector is in sunlight_ however, the temperature of the aluminized

film can rise to about 400°F. This temperature would have to be lowered by

passive thermal control coatings or else mylar is unsuitable for the reflector

material. It should be noted that if the mission requirements are such that

only one side of the film need be reflective, there seems to be no problem

with the use of mylar for this application, with respect to its thermal

limitations. These passive thermal control coatings must also be trasparent

to visible light so that reflectivity is not appreciably affected. These

transparent coatings can be obtained in some cases by conversion coatings,

paints, or vacuum deposition.

Aluminum surfaces naturally form a very thin oxide film in air. The oxide film

would make a good thermal control coating if it could be made thicker through

the use of conversion coatings. However, because the vacuum deposited aluminum

is so thin (approx. 2200°A), conversion coatings appear unsuitable for this

application. For example, nitric acid which forms a thin passive film was tried.

Samples of aluminized Kapton were immersed for various times in nitric acid.

4.4-1
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In all cases, the porosity in the thin aluminum coating allowed the acid to

attack the aluminum--Kapton interface and destroy the bond.
I

The major disadvantage of paint is that relatively heavy buildups (greater

than one mil) would probably be required to obtain desired properties. These

paints would also lose some transparency under prolonged exposure to U.V.

radiation.

I

I

Vacuum deposited silicon monoxide provides a stable transparent thermal control

coating. This coating presently offers the most feasible approach for reducing

the maximum temperature of the reflector but also represents a costly and time

consuming process. The deposition involves a complex reaction which limits

deposition to slow rates, and from a time standpoint could prove impractical for

use on large surface areas.

I
I
I

For the above reasons, it is recommended that the reflector be designed with no

thermal control coatings. This constraint necessitates the use of Kapton as

the reflector material since 400°F is outside the useful temperature range

of Mylar.

Data on Kapton is tabulated in Table 4.4-1. Presently, the minimum gauge

available is 0.5 mil but Dupont representatives indicate that experimental work

on thinner gauges will be undertaken in 1967. It is anticipated that 0.35 mil

will therefore be available for use on this program. Adhesives are presently

being tested and developed by Schjeldah for bonding of the Kapton and there are

indications that satisfactory adhesives will shortly be available.

Creep of the Kapton could cause dimensional changes beyond those compensated

for in the reflector design. Although this magnitude of creep would be unde-

sirable, a small amount of creep was found to be suprisingly beneficial, since

it eliminates wrinkles in the reflector caused by fabrication and packaging.

These wrinkles represent stress concentrations, and when the material creeps

these areas are the first to be relieved. The applied stress should be the

minimum value which eliminates these wrinkles in a short time (about i day

at 400°F) and yet not cause excessive creep in 6 months. Visual observations

of 0.5 mil aluminized Kapton specimens under load at 4OO°F indicate that stresses

of 50-200 psi relieve a majority of the wrinkles in one day.

4.4-2
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One specimen was exposed at 500°F and 200 psi for one day and all wrinkles were

removed. (Scatter in the thermal characteristics of the vacuum deposited

aluminum could result in temperatures above 400°F). Figure 4.4-1 is a photo-

graph of unexposed and exposed samples showing the elimination of wrinkles.

Three additional samples of 0.5 mil Kapton were exposed to 50, iOO and 200 psi

at 400°F to measure the amount of creep. The change in length over a 6 inch

gauge length was measured under load and temperature using optical equipment.

The test was run for one week with readings taken daily. Readings after one day

indicated a small residual shrinkage in the specimens (0.3_). After 5 days,

there was no net change in length within the accuracy of the measurements

(about 0.i_). Apparently, the small residual shrinkage was balanced by the

creep. From the fifth to the seventh day additional creep was too small to

measure.

The conclusion, from this preliminary data, is that loads of 50-200 psi will not

present a creep problem. This conclusion should be verified by additional

testing.

4.4.2 Support Structure

A typical support structure consists of a composite of 0.5 mil aluminum - 0.35

mil plastic - 0.5 mil aluminum. Since (a) thermal control coatings on the

support structure keep the maximum temperature within the useful range of

Mylar ( b ) manufacturing techniques for fabricating an aluminum-Mylar laminate

have been developed and successfully used on the Echo II program and (c) Mylar

is available in wider widths than Kapton, Mylar is preferred for use as the

plastic in the laminate.

The proposed coatings on the torus are those used on the Echo II balloon (i.e.

exterior alodine, interior-carbon black) as processing equipment and procedures

have already been developed for the Echo program. The thickness of the aluminum

makes alodine processing practical for the support structure, but not for the

reflector.

The recommended approach to minimize the structural deflections caused by the

temperature gradient is to wrap the spokes with layers of "superinsulation".

4.4-3



These layers are 0.125 mil Mylar aluminized on both sides. The layers would be

madeabout 2-5_ oversize to account for residual shrinkage in the mylar. For

thermal control reasons, the Echo II black coating is proposed for the interior
of the aluminum laminate and the exterior of the outer insulation sheet. As

stated above, this coating has been successfully utilized on large surface areas.

The photolyzable film-wire concept is another rigidization technique which could

reduce temperature gradients in the support structure. This technique was not

extensively studied since the temperature gradient profile could not be accurately

predicted. Other rigidization techniques such as gas cured resin systems are not
recommendedfor the total structure because of their relative complexity while

offering no major advantages over the yielded aluminum concept. They mayhave

advantages, however, for selected small areas of the structure.
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Table 4.4-1

Comparative Properties of Mylar and Kapton Films
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Properties Mylar Kapton

Specific gravity (gr/cc)

Service Temp. Range °F

Min/Max

Tensile Strength (KSI)

-320°F

+ 77°F

+h00°F

Tensile Modulus (PSI)

-320°F

+ 77°F

+400°F

% Elongation

-320

+ 77

+400

Coef. of Exp/in/in/QF x i0 -6

Tear Strength, initial

ib/in

Radiation dosage for

threshold damage^

Ergs/_m-(C)x lO_

Min. thickness/max, width

(inches)

(i) See Section 4.4.1

1.39

-320/+250

25

9

550,000

20,000

120

9.5

1300

4.4

O.00015/60

1.42

-45o/+6oo

35

25

17

510,000

430,000

260,000

2

7O

9O

ii

i000

5000

(l)
0.0005/36

I

!
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5. i ABLE LM THERMAL ANALYSIS

5.1.i ECS Performance

The recommended ECS configuration is the LM system with the following modifi-

cations:

o Addition of two 30 ft 2 radiator panels located 180 ° apart on the

sides of the Descent Stage

o Addition of two radiator control valves

o Addition of an intermodular control valve

° Addition of a regenerative heat exchanger and control valve

o Change coolant from 35% glycol, 65% water to 62_o glycol, 37_o water

The ABLE LMAscent Stage passive thermal design is almost identical" with that

of the current LM. The single exception is to provide insulated shades for the

ABLE LM windows. ,

The Heat Transport System is designed to handle the six month operational phase

loads with a radiator heat sink exclusively. For the phases of the mission

preceding the six month operational phase, a combined radiator water sublimator

heat sink is employed. Since the pre-operational phase is of relatively short

duration, the design approach has been to utilize the least complicated system

at the expense of requiring some additional water rather than optimizing the

system with respect to weight.

The system is shown schematically in Fig. 2.2-1 and described in greater detail

in Section 6.2. The system performance is presented in Table 5.1-1. Table 5.1-1

shows that no water requirement (zero sublimator load) exists for the 6 month

unmanned phase. For all other mission phases, cooling is accomplished by sublimating

130 ibs. of water to supplement radiator heat rejection. For cold environment and

low load conditions_ the radiator fin effectiveness is reduced by radiator control

valves. One radiator panel can become a heater for hot environment conditions.

This panel is wiped out by the action of an intermodular valve. The 6 month

5o1-1
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5.1.1 (Continued)

unmanned phase cold environment condition was investigated for a 500 watt load.

This load is lower than presently anticipated and shows the ability of the system

to accommodate a larger load range than required. For the 26.5 hour manned phase,

the same system flexibility is exhibited by assuming a structural load variation

of 400 watts.

The Heat Transport System can be utilized as a heat source for helium if a

cryogenically stored helium system is used for reflector pressurization. The

gas heat exchanger, shown in Fig. 2.2-1 can be used to heat the helium with

glycol. During the 26.5 hour manned phase, 2000 BTU/Hr. can be extracted from

the glycol with the radiators in the cold environment condition.

I
I

I
I

I
I

I
A Grumman funded radiator test program was conducted to verify the performance of

a typical radiator panel under conditions of full capacity_ and during bypass

operation. A description of the test program and the obtained results have been

documented in Ref. 5.1-1.

5.1.2 Reflector Inflation

I
I

I
The reflector inflation system utilizes helium to deploy and rigidize the reflector

support structure at a controlled rate. Initial deployment is accomplished using

helium stored in two LM RCS helium tanks located on the periphery of the outer

torus. After initial deployment_ the support structure is inflated to strain

rigidization pressure by helium stored in the LM Descent Propulsion System Cryo-

genic Tanks. The LM Descent Propulsion Fuel/Helium Heat Exchanger can use waste

heat from the Environmental Control System to heat the helium from the cryogenic

stated to the ambient state. \

The number of cryogenic tanks required depends on both the reflector diameter and

the diameter of the support structure. The following table shows the required

number of cryogenic tanks for different reflector diameters, with a 20 ft. diameter

support structure in sunlight, but with no restriction on attitude:

MAXIMUM REFLECTOR DIAMETER (FT)

NO. LM CRYOGENIC

HELIUM TANKS REQ'D

620 i

1280 2

1900 3

5.1-2
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Mission Phase

Environment

Elect. Load on HTS - Watts

Structural Load - Watts

Metabolic & LiOH Load - Watts

Total Glycol Load - Watts

BTU

Radiator Absorbed Radiation_ _

Radiator Area - Ft 2

Radiator Glycol Flow - ibs/hr

Radiator Inlet Temp - °F

BTU

Sublimator Load - Hr

Radiator Fin Effectiveness

* Arbitrarily Assumed Minimum Load

** Minimum Radiator Flow Rate

TABLE 5.1-i

ECS PERFORMANCE

6 Months

(Unmanned)

26.5 Hr.

(Manned)

2 Hr.

(Manned)

Hot

67O

0

0

67o

15

30

222

Cold

500*

0

0

5oo

0

6o

50**

52 49

0 0

.96 .35

Hot

1155

+200

370

1725

15

30

222

65

33oo

.96

Cold

1155

-200

37O

1325

0

60

8o

.57

1870

.52

Hot Cold

H

o_

5 _i-3

26.5 Hr.

(Unmanned)

Hot Cold

818 818

0 0

0 0

818 818

15 o

3o 6o

80 50**

46 46

1250 1200

•72 .32



5.1.2 (Continued)

The energy required to heat cryogenic helium during the inflation phase can be
supplied by the Heat Transport Section of the Environmental Control System (ECS).

During inflation, between 2,000 and 4,000 BTU/Hr. of available ECSwaste heat can

be transferred from the glycol loop to the cryogenic helium using the LMDescent

Propulsion Fuel Helium Heat Exchanger, without the danger of freezing the ECS
radiator. The maximumamount of heat required by the helium is 622 BTU/Ib.

Therefore, the helium delivery rate to the support structure is between 3.2 Ibs/hr

and 6.4 ibs/hr and the cryogenic tank emptying time varies between 15.3 and 7.7

hours per tank.

5.1.3 Solar Paddle Temperatures

The temperature of the solar paddle is dependent on the orientation and surface

properties of the paddle. The maximum paddle temperature occurs when the paddle

is aligned perpendicular to the rays of the sun. The minimum temperature occurs

when the spacecraft is in earth shadow and the paddle is blocked from any view

of the Earth by the reflector. The minimum temperature requirement for the solar

cells is -168°C (-270°F). Table 5.2-2 provides solar paddle temperature and heater

power data for two values of emittance on the side of the paddle containing no

solar cells. These required heater powers places no restriction on paddle

orientation when the spacecraft is in the Earth's shadow. If the paddle were

oriented such that it has its best view of the inner torus the heater power

requirements could be reduced by i0 per cent.

It is apparent from the Table that by utilizing a low emittance coating on the

paddle a reduction in heat power to maintain T c is realized, however a severe

power output penalty arises due to a higher Th. The preferred coating is the

high emittance coating.

The selected high emittance coating utilized on the non-cell side of the paddle

results in a maximum paddle temperature of 60°C.

5 ol-4

I

I
I
I

I
I

I
I

I
I

I
I

I
I
I

I
I
I
I



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

TABLE 5.1-2

SOLAR PADDLE DATA

PADDLE EMITTANCE - NON CELL SIDE

MAXIMUM PADDLE TEMPERATURE °F

MINIMUM PADDLE TEMPERATURE °F

REQUIRED HEATER POWER TO MAINTAIN T
min

W/Ft2 Cell Area

POWER OUTPUT AT Tma x W/Ft 2 Cell Area

NET POWER OUTPUT W/Ft 2 Cell Area

5.1-5

o.9

14o

-270

i.i

8.6o0

7.5o

0.I

239

-27o

0.55

6.156

5.60



5.1.4 Canister Temperatures

The allowable canister temperature is limited by the allowable limits of the

components and materials within the canister. The desirable temperature range

for the interior of the canister is 40°F to IO0°F. A maximum canister temperature

below IO0°F can be assured by utilizing an external thermal control coating having

an absorptance to emittance ratio no higher than 0.4.

The minimum temperature can be maintained by utilizing aluminized mylar super

insulation or heaters or a combination of both. The time period prior to

reflector deployment would be approximately two days (Section 3.5). By

enclosing the canister in a one inch blanket of super-insulation (i00 layers/

inch) it is possible to take advantage of the thermal lag of the system and

keep the minimum acceptable temperature of the canister above 40°F for the

specified two day time period. The weight of insulation for this application

is approximately 90 ibs. A minimum weight system consisting of a combination of

super-insulation and battery powered heaters would weigh approximately 70 ibs.

However, the weight saving of 20 ibs in utilizing this system over the insulation

only system is not sufficient to render it preferrable in view of the additional

complexity of adding heaters.

If the pre-deployment time period exceededtwo days_ a dual system of insulation

and heaters becomes more attractive and is preferrable.

5.1.5 LM Equipment

All electronic equipment located aboard the ABLE LM vehicle will be temperature

controlled in the same manner as in the present LM. The majority of equipments

are mounted on a cold rail or cold plate through which glycol flows, absorbing

the dissipated heat. Some of the low dissipating display and control equipment

located in the cabin is controlled by passive means, free convection and

radiation to the cabin area.

Temperature control of externally located equipment such as the LM RCS jets

and the LM S-band steerable antenna is achieved by existing thermostatically

controlled heaters.

5.1-6
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5.1.5 (Continued)

The LMABLE vehicle requires the addition of an optical auto star tracker. The

tracker is located outside the vehicle. One configuration considered is to

attach the tracker to the IMU in the location of the present AOT, using the

present LM navigation base mounted in the docking structure. When the tracker

is operating, cooling is required. This is accomplished by extending the

coolant loop to the tracker heat-dissipating areas. During the stand-by mode,

the tracker will be turned off (no internal heat generated). In this mode, heat

will be lost from the IMU to the colder tracker, and in turn radiated to space

(approximately 3.5 sq ft of tracker area is exposed to space). This heat drain

would increase the output of the IMU proportional heater. If it is desirable to

conserve heater power, a glycol by-pass of the IMU, when it is not operating_ can

be easily incorporated into the design. The two main modes of heat loss from the

IMU are as follows:

° Heat lost through the navigation base to the vehicle structure

° Heat lost to the auto tracker, and out to space.

The above heat losses can be minimized if the following is incorporated into the

design:

° Minimization of the ccnductive path between the IMU and star tracker by

use of low-conductive supports, such as titanium tubing.

o Minimization of the conductive path between IMU and outer structure

(also considering titaniumtubing).

° Insulation of the tracker assembly below the thermal shield and provision

of a protective cover over the outer tracker telescope to minimize heat

leakage to space.

° Insulation between IMU and vehicle skin.

5.1.6 LM RCS Plume Heating

Although the LMRCS thruster firing time history during a typical mission has not

been determined, it appears that the worst thermal loading will occur when the

thrusters are used to slew the LM. The cyclic firing that occurs during an

attitude hold condition does not appear to be critical, since the firing time of

5.1-7



5.1.6 (Continued)

the jet is of the order of milliseconds, and the off time is of the order of
minutes. The longest possible firing time for the downwardjet would be about

i0 seconds. Therefore, the performance of the protective systems was evaluated

for a i0 second duration firing.

The maximumheating rate occurring directly under the plume axis is 30 BTU/sec ft 2.

As the distance from the plume axis increases the heating rate decreases rapidly.

Three possible protective systems were found feasible. Evaluation of each

approach wasbased upon the maximumheating rate. The different approaches
have different weight penalties associated with them_ and the various design
factor will have to be traded off before an optimum design can be selected.

5.1.6.1 High Heat Capacity Shield

The use of high heat capacity shield a few inches above the shround area exposed

to the plume heating, represents the simplest but heaviest approach. Three

shield materials were considered, titanium, steel_ and nickel; with the back

surface of the shield polished so that the emittance of the surface is 0.15 or
less. Whenthe shields are exposed to the maximumheating rate for the i0 seconds_

the nickel and steel shields prevent the shroud from reaching IO0°F while the

titanium shield prevents the shroud from reaching 130°F. The temperature rise
as a function time for the shields and shroud are shownin Figure 5.1-1. The

solid lines represent the temperature rise of the shields, the dashed line are

the temperature rise of the shroud they protect.

5.1.6.2 Multiple Layer Heat Shields

The use of multiple-layers reflective, high temperature insulation blankets placed
over the shroud in the area of plume impingement was investigated. A 1/3 mil

nickel inconel meshfoil was considered. The temperature rise of the back face

of the last foil is shownin Figure 5.1-2 for a ten foil blanket and a five foil

blanket. The data was obtained by a finite difference one dimensional method

that calculated the radiation heat transfer from foil to foil. It is estimated

that a i0 layer blanket would be sufficient to prevent the shroud from reaching
a temperature of 90°F. The weight of such a system will be .25 ib/sq, ft.

5.1-8
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5.1.6.3 Ablative Protective Coating

The ablative approach utilizes the high heat of ablation and the Nl_cking effect

of the ablative vapor to absorb the plume heat flux. The ablative paint con-

sidered was Thermo Lag-500 (actually it sublimates). The paint will be applied

directly to the shroud. The thickness of ablative coating as a function of thruster

firing time is shown in Figure 5.1-3. Curves for turbulent flow and for laminar

flow are presented_ the difference being in the blockage factor which is the

amount of heat carried away by the sublimated gases, this being greater for laminar

flow. It is estimated that the flow for a flat plate impingement is in the laminar

region (Reynolds i00,000) and .032 inch of paint will be required.

5.1.7 References

5.1-1 Grumman Report No. 378C-6, dated iO August 1966.
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5.2 GUIDANCE AND CONTROL ANALYSIS

5.2.1 System Requirements

The Guidance, Navigation and Control System (GNCS) requirements were derived

from the mission described in Section 3.5. An analysis of this mission

identified functions which the GNCS must provide. They are:

° Stabilization function - to be used if the LM is to separate

from the CSM

° Attitude Hold function - during the deployment of the re-

flector

° Manual Control function - for use by the crew to perform

translation and rotation of the vehicle

° Alignment function - to establish an inertial reference

° Target Acquisition function - to compute the target position

or acquire it from ground command

° Pointing function - to point the reflector to the acquired

target

° Orbit Keeping function - g_nerate m_neuver commands to com-

pensate for orbital changes

° Reacquisition function - to acquire an inertial reference

that was lost

° Remote Control function - to redesignate the aim point of the

reflector.

In order to provide the functions specified above the following modes of

operation can be identified for the_Jq_CS.

° _f translation and rota-
Manual Mode - for use by the crew _

tion commands _

\

° Alignment Mode - for establishing and updating _an inertial

triad in space

Attitude Hold Mode - to be used during the deployment of the

reflector
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Reacquisition Mode - used to reacquire the inertial reference

after it has been lost due to some contingency

Remote Control Mode - Used to reposition the aim point of the

reflector

Orbit Maintenance Mode - used to compensate for orbital changes

I
I
I

I
Targeting Mode - Target position computation and pointing of

the reflected light beam to the target.
I

5.2.2 Alternate GN&C System Concepts I
In order to provide the functions defined above, particularly with respect to

providing the capability of directing the reflector beam to illuminate the

target, referred to as targeting, several alternate system concepts were con-

sidered. These ranged from the utilization of LM equipment, to the synthesis of a

completely new system. The alternate systems considered were:

o Existing LM PGNCS (IMU, AOT, LGC, ATCA) with MSFN

This system requires alignment via the AOT and the astronaut;

consequently, the alignment and realignment of the inertial

platform can only be accomplished when an astronaut is in the

LM. Since the IMU drift rate is at least 0.72°/day (i_') and

the pointing accuracy required is within 0.5 ° (the angle sub-

tended by the beam of the reflector), extended operation with

the existing LM PGNCS without an astronaut is not feasible.

I
I

I

I
I

I
Modified LM PGNCS (IMU, LGC, ATCA, LM Optical Tracking Systems

(LOTS)) with MSFN

Replacement of the AOT with the LOTS provides the capability for

automatic realignment of the IMU thereby allowing operation of

this system in an unmanned mode. The normal operation of the

PGNCS when coupled with the LOTS requires an initial coarse

alignment of the IMU to within the field of view of the LOTS

star tracker. This coarse alignment could be accomplished

prior to launch, or through a transfer alignment when the LM is

attached to the CSM. Fine alignment of the IMU is accomplished

by using the LGC to designate the star tracker gimbal angles so

5.2-2
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5.2.2 cont'd

that a star appears in the star tracker field of view.

The star tracker is then allowed to lock onto the star

and the gimbal angles are entered into the LGC, esta-

blishing the star line of sight. This procedures is re-

peated for anther star. The LGC then uses the star line

of sight information to compute the IMU gimbal angles

required to align the stable member to the specified in-

ertial reference. Appropriate commands are then issued

to the gimbal torquers to align the stable member to the

inertial reference. Loss of attitude information for short

I
I

I
I

I
I

I
I

I
I

I

time periods can be compensated for by using the last values

of attitude rate together with the elapsed time, to compute

a new coarse alignment of the IMU. Fine alignment then follows

in the normal manner. The contingency duration which can

be tolerated with this technique is dependent on the vehicle

limit cycle rates.

Star Tracker Systems

In these systems Star Trackers would be used to establish an

inertial reference for data processing in the guidance com-

puter or alternatively, error signals generated from the

star tracker gimbal angles could be fed directly into the

control system. A cursory investigation of the latter approach

indicated that the complexity of the rror signal generation

for pointing to a fixed point on earth would be excessive.

Studies were therefore concentrated on investigating the capa-

bilities of star tracker systems to establish an inertial ref-

erence for processing by a computer such as the LGC or AEA.

The computer would use the inertial orientation data and navi-

gation data (assumed supplied by MSFN) to compute attitude

error and error rate signals for the control system to use to

generate pointing commands. The control system could utilize

either an analog or digital autopilot. The computer would

I
,' 5.2-3



5.2.2 cont'd

also generate commands,based on guidance requirements, for

thrusting maneuvers.

The numberof star trackers required for implementing this

system would be a minimumof two. Assuming that two star

trackers were used, the stars sighted to determine the in-
ertial reference must be sufficiently far apart to generate

conclusive information about all three axes, implying that

one star must be of a very high positive or negative declina-

tion_ while the other must have a low declination without being
occulted by the earth at any time in the orbit. It is con-
sidered that it would be desirable to have the star trackers

located on the dark side of the reflector so that the maxi-

mumfield of view is avialable to the trackers, without in-

terference from the sun or reflector surface. With this

configuration attitude constraints would be imposed during the

earth-sunlit phase of the orbit_ and problems associated with
occultation of the stars by the reflector also exist. The

reflector must also always be oriented so that the sameside

points to the sun. In order to overcomethese problems, more
star trackers can be added to the system. A preliminary investi-

gation indicated that a maximumof six star trackers mounted

on both the upper and lower surfaces of the LMwould give sat-

isfactory coverage. However, accuracy problems maybe en-
countered where trackers are mounted to the LMlower surface.

Major problems associated with this system are the initial
establishment of the inertial reference_ and the reacquisition

of the inertial reference after loss of inertial orientation

caused by a temporary power loss or similar contingency.

Gimballed Star Trackers, Sun Sensor, MSFN,ComputerSystems
In order to overcomethe difficulties of acquisition associated

with the previously discussed system, the effects of inclusion
of a sun sensor into the system for acquisition and re-acquisition

of the inertial reference were investigated. Two different types
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5.2.2 cont'd

of sun sensor were considered, null seeking and aspect type sun

sensors.

Null Seeking Sun Sensor - In addition to the star trackers used for

establishing the inertial reference a null seeking sun sensor

is used for acquisition and reacquistion of the inertial refer-

ence. The acquisition/reacquisition mode for this system would

consist first of a search mode to allow the sensor to coarsely

align to the sun, followed by a mode in which the vehicle x axis

is aligned to the sun line of sight. The star tracker gimbal

angles are then set at a value, determined by the computer, which

will give acquisition of known stars by the trackers when the ve-

hicle x axis rotates about the sun line. Acquisition is completed

by a x axis rotational maneuver of the vehicle which is terminated

when the appropriate stars are acquired by the trackers. Al-

though this system eliminates problems associated with the ac-

quisition mode, the problems of occultation associated with the

star tracker system described above still remain. Again, a poss-

ible solution lies in increasing the number of star trackers.

Aspect type Sun Sensor - The aspect type sun sensor would be used

to generate information for the acquisition (reacquisition) mode and

for aiding in the establishment of an inertial reference. In

the acquisition mode the sun sensor would operate in the same

manner as the null seeking sun sensor described above. The in-

ertial reference, however, would be established jointly by the

sun sensor and a star tracker. Because of occultation problems

more than one star tracker would probably be required. In addition,

if the reflector is surfaced on both sides to reduce slewing re-

quirements, two sun sensors would be required. Again, accuracy

problems associated with mounting sensors on the descent stage may

be encountered. An attitude constraint would also be imposed on

the vehicle because of the limited dynamic range of the sun sensor

(typical vaues of this dynamic range are ±64 ° from the axis). Switch-
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5.2.2 cont'd

ing to an inertial reference generated by the star trackers
alone could be used to alleviate this constraint in periods

whentargeting is not required, implying the use of more

star trackers than the basic system may require.

SunSensor/Target Sensor Systems-SunSensor, ground beacon (at

target), on board beacon sensor, Computer, MSFN

This guidance and control system concept uses sensor information

directly, to generate the attitude error signals required by the

control system. The sun sensor would be used to establish the

line of sight to the sun and would be of the aspect variety.

The ground beacon with the associated on board beacon sensor

would be used to establish the line of sight to the target.

Using the line of sight information the reflector normal would

be commandedto lie in the plane established by the lines of

sight, and bisect the angle between them. The control system

associated with this concept could use either an analog or

digital autopilot. Guidance commandsfor performing orbital

maintenace thrusting maneuverscould be generated by using

MSFNnavigation data, relative to the state of the vehicle, in
conjunction with the vehicle orientation established by the lines

of sight, the position of the sun, and the position of the target.

The maneuverswould have to be performed so that the thrust vec-

tor can be oriented in the appropriate direction without loss of

acquisition by the sensors. For periods when the target is out

of line of sight of the vehicle, a coarse attitude orientation

could be maintained by using a rate commandmode. This mode

would use a rate gyro assembly to establish the rate error signal.

Twodifferent types of on-board sensor system were considered,

one of which used interferometer techniques, the other utilizing

difference in time between sensing a pulse at discrete points on
the surface.
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5.2.2 cont'd

Interferometer system - This system utilizes two antennas which

are situated a known distance apart, typically between i0 and

iO0 ft. The accuracy with which the line of sight can be esta-

blished with two antennas spaced I0 ft apart is approximately 15

arc min. when the incoming signal is normal to the antenna

planes. The accuracy improves as the distance between the an-

tennas is increased, (although a precise value has not been

identified) and varies inversely as a function of the cosine

of the angle between the signal carrier beam and the antenna

plane. The accuracy figures quoted are for an ideal antenna

location, and the effects of the neighboring reflector struc-

ture on the system have not been evaluated. This system is

presently only in a breadboard stage and it is questionable

whether developed hardware could be fabricated in the avail-

able time period.

Pulse Timing Difference Systems - A number (probably 4) omni-

directional antennas would be mounted on the periphery of the

reflector. The antennas would receive a pulsed signal and an

electronic processor would sense the difference between the

times when the leading edge of a pulse is received at the an-

tenna locations. Using this information the angle between the

vehicle/target line of sight and the reflector can be deter-

mined. This system gives a direct measure of the orientation

of the antenna planes to the incoming signal, but the correct

orientation of the reflector is dependent on lack of distor-

tion of the reflector plane. Alternatively, a compensation

technique for establishing the relative reflector/antenna

orientation must be devised.

5.2.3 Selected GNCS Configuration Functional Description

Based on the characteristics of the systems described above, the LM PGNCS con-

figuration with the addition of the LM Optical Tracking System (LOTS) is generally
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5.2.3 cont'd

recommended. The fundamental reasons for this decision are:

I
1

I
The PGNCS - LOTS configuration can perform the ABLE mission

All other systems require either design and development of

new hardware, utilize unproven systems concepts, or would

present serious interface problems if incorporated into

existing LM subsystems.

The LM PGNCS is an integrated, aided, inertial Guidance, Navigation and Control

System. The basic components of the system, which would be used for the ABLE

GNCS function, consist of a stable platform (IMU) to provide an inertial ref-

erence, a star tracker system (LOTS) to realign the stable platform, a digital

computer (LGC) which provides the guidance and navigation function and contains

the digital autopilot (DAP), astronaut hand controllers for rotational and

translational maneuvers (ACA and T/TCA), a data entry device (DSKY), and an

interface with reaction jet thrusters through the jet driver preamplifiers in

ATCA. (See Section 6.3 for a hardware description of the GNC subsystem).

I
i

I
I

I
I
I

Several modes of operation are available with this system ranging from fully

automatic modes to manual modes in which the astronaut can directly control

the vehicle. In the automatic modes guidance commands originate in the guidance

computer and are supplied to the digital autopilot (DAP) in the form of atti-

tude and attitude rate error signals and translational thruster commands. The

DAP processes this information and, through a jet select logic, issues jet -

on commands which are routed through the ATCA to the RCS, firing the appro-

priate jets (commands are also issue_ directly to the descent and ascent engines
• fft_

where requlred). In the manual_xcept the direct modes, the astronaut commands

pass through the ATCA to the DAP from where the automatic control path is

followed. Assist from the autopilot in maintaining vehicle stability and

control is dependent on the mode selected. In order to define the appli-

cability of the LM-PGNCS to the ABLE GNCS requirements, and to identify

the modifications which would be required to the PGNCS, a brief description

of the LM system functions in the areas of guidance, control and control

torquers will be presented, with a discussion of the ABLE GNCS implications

associated with each area.

5.2-8
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5.2.3.1 Guidance Functions

A detailed description of the guidance functions in the LM mission would be

lengthy and is considered to be outside the scope of this discussion. How-

ever, the broad classifications of the IN guidance functions would be:

° Transfer orbit insertion maneuver - The guidance system generates

the attitude and thruster commands for the insertion of the LM

into the transfer orbit. A similar guidance law could probably

be used on the ABLE vehicle for the orbit maintenance maneuvers

in which transfer orbits would be used for orbit corrections.

° Powered descent - During this phase of the LM mission the gui-

dance computer uses an explicit guidance law to guide the

vehicle to the desired lunar landing site. This guidance func-

tion is not applicable to the ABLE GNCS.

° Powered Ascent - The guidance computer uses an explicit guidance

law to guide the vehicle to ascent burn out conditions such that

a rendezvous can be made with the CSM within midcourse correction

capabilities.

° Midcourse Guidance - the Guidance computer uses information re-

lative to the CSM state, using estimates in the inertial system

and rendezvous radar information in an optimal recursive filter,

to determine the attitude and thrust commands for the midcourse

correction. The thrust commands are executed by the RCS. This

function, with modification of the midcourse guidance equations,

may also be considered applicable to the ABLE GNCS requirements.

From this brief description it can be seen that the LM PGNCS has an extensive

guidance capability that will enable it to satisfy orbital maintenance and

station-keeping requirements. However, the LM system does not presently

possess the capability for generating the attitude information required by

the control system, to enable it to issue commands to direct the reflector

beam at a specified point on the earth. To accomplish this function in the

ABLE GNCS a new guidance subroutine will be written for the LGC. This gui-

dance subroutine will utilize navigation information from MSFN to establish

the position of the earth, the target, the sun and the ABLE LM in an inertial

5.2-9



5.2.3.1 cont'd

reference frame. Using this data the line of sight unit vectors from the

LM to the sun (_ SUN)and from the LM to the target (_ TARGET) can be es-
tablished. The desired orientation of the LMvehicle relative to the in-

ertial reference frame is such that the vector normal to the reflector plane

(_ NORMaL) is coplanar with _ SUNand _ TARGETand bisects the angle between
these two vectors (see Fig. 5.2-1). (This orientation of _ NORMALwill be

referred to as _ NORMALDESIRED).

In the computation of _ NORMALDESIREDthree inertial coordinate systems are
required_a sun-centered system, an earth-centered system and the LM-centered
stable member(SM) system. It is assumedthat the orientation of one system

with respect to any other is known, in particular for this discussion, that

they are parallel. From the equations of motion and initial conditions, the

state of the Earth (_ EARTH,_ EARTH) and the LM (_ LMVLM) can be determined
at any instant. The two required vectors are:

SUN : UNIT (_ EARTH+ _ LM)

TARGET= UNIT (_ TARGET- _LM)

where _ TARGETis the position vector of the target and assumedknown.

The desired direction to point the unit normal vector can be determined from

the expression:

U-- NORMALDESIRED

where: (Matrix) =

the angle @=
and the vector

(Matrix) T

UNIT (U SUN
T

U
- SUN

UNIT (U SUN

-1
cos

U N =

U N

x __TARGET)

T
x UTARGET x USUN)

(Z S_ Z _mOET)/2'

cOS

sin
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5.2.3.1 cont'd

Having determined the desired direction of _ NORMAL, it is necessary to know

the actual direction of the unit vector normal to the reflector surface with

respect to the SM system. This is obtained by measuring the PGNCS gimbal

angles. The gimbal angle matrix, created from the measured angles_ relates

NORMAL in the Nay Base system (ALM fixed axis system to which the orien-

tation of the reflector is known) to the _NORMAL in the SM system.

I Gimbal U NORMAL NAV BASE

NORN_A_L = Angle -

Matrix

The control system attitude error signals are computed from the values of

U and U
-- NORMAL -- NORMAL DESIRED.

Using the above approach_ the theoretical reflector normal can be oriented to

the desired direction within the accuracy of the MSFN navigation data and the

knowledge of the inertial orientation of the stable member. The accuracy of

the latter information is dependant on the time from the last alignment of

the stable member by the LOTS.

The orientation of the mean reflector plane relative to the LM will probably

not be accurately known and it is therefore considered desirable to have

some means available for correcting the guidance system to compensate for

errors in alignment of the reflector. The remote command capability of the

LMP for commanding vehicle rotational maneuvers by earth command will be used

to slew the vehicle until the reflector beam is directed to the target. The

incremental attitude changes resulting from these slewing maneuvers will be

stored in the guidance computer, and used to correct the knowledge of _NORMA L

NAV BASE.

During the deployment phas% the ABLE - LM will be required to maintain some

specified orientation either to an inertial orientation or to the earth local

vertical. Control to an inertial orientation already exists in the LM-

PGNCS, and control to a local vertical orientation can be accomplished in a

manner similar to that described above for the target pointing function.
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5.2.3.2 Control System Functions

The control system function is to operate on the attitude error signals

generated by the guidance computer, or by the astronaut through the hand

controllers, to command control torquer operations to reorient the ve-

hicle. In the case of the LM, the control torquers are reaction control

jets and the required torquer commands are generated by a Digital Auto-

pilot (DAP) contained in the PGNCS. The DAP has the following major modes

of operation:

° Automatic Mode - In the automatic mode orientation require-

ments are generated in the guidance computer and implemented

by the DAP and control torquers.

I

I

I

I

I

I
Rate Command/Attitude Hold Mode - This is a normal astronaut

control mode. It is semi-automatic in nature since the DAP

uses sensor information to control vehicle commands. In this

mode the vehicle is commanded to rotate at a rate proportional

to the attitude controller displacement. When the ACA con-

troller is returned to neutral (detent) the vehicle rate is

nulled as rapidly as possible and the attitude existing at

a rate of approximately l°/sec is commanded by the guidance

computer.

Minimum Impulse Mode - In this manual mode a minimum impulse

RCS jet firing is commanded each time the controller is moved

out of detent. It is an open loop mode (not closed by the

guidance or control systems) and is used for maneuvering at

low rates.

The LM PGNCS DAP accepts attitude error signals from the guidance computer

and computes rate by means of a digital filter to enable rate error signals

to be generated. In order to understand the functioning of the DAP recourse

will be made to a phase plane description. The error and error rate func-

tions describe the vehicle phase plane trajectories. The DAP switching logic

is arranged so that the jets are commanded on when the vehicle phase plane

trajectories cross predetermined jet-on switch lines. In order to determine

jet on times knowledge of the errors and error rates is used in conjunction

with an optimal control law. The switch lines are shaped so that optimum

I

I

I

I

I

I

I
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I

I

I
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5.2.3.2 cont'd

performance, with respect to propellant consumption, of the system will be

obtained for a non-disturbed limit cycle and for a torque disturbed limit

cycle where the disturbance torque is large (e.g. those torques generated

by descent or ascent engine thrust vector offsets). In summary, the LM

digital autopilot was designed to have the following capabilities:

° Generate a minimum propellant non-disturbed limit cycle

° Generate a minimum propellant limit cycle when large dis-

turbance torques act on the vehicle

o Provide adequate transient response and good propellant

economy for automatic maneuvers.

In addition the DAP provides flexibility to simply change switching logic,

gains, etc. which offset autopilot performance.

An analysis of the ABLE GNCS requirements indicates that the above described

DAP will provide all the functions required during manned phases of the ABLE

mission and during reflector deployment. When the reflector is deployed,

however, the inertias of the vehicle become very high and the torque environ-

ment relative to the vehicle inertia is very low. In this environment the LM

DAP would tend to operate inefficiently but, because the DAP has considerable

flexibility for changing the control laws (by reprogramming the LGC) without

hardware modifications, an efficient system can be provided for all the phases

of the ABLE mission.

The modification which have been identified for the ABLE GNCS DAP are:

Provide a variable computation rate to accommodate different

phases of the mission. During separation, deployment, or

maneuvering phases when the rates are relatively high a small

computation time step is required. During the normal target

pointing phase very low slewing and limit cycle rates will

exist in one or more axes_ and efficient operation of the

DAP will require a long computation period. As an example, the

5.2-13



5.2.3.2 cont 'd

x axis limit cycle rate for a i000 ft reflector is approximately

3.6 x 10 -5 deg/sec assuming a i0 sec firing of thrusters which

develop a torque of i0 ft lb. The rate and acceleration informa-

tion for DAP is predicted from CDU information via the digital

filter. Hence, the accuracy of the rate information is dependent

on the CDU quantization, 37 arc sec., and the LGC sampling rate.

With the attitude rate of the i000 ft reflector, a CDU bit would

be obtained every 280 sec. If the sampling rate were 0.i sec, as

it is on the LM, satisfactory rate derivation would not be achieved,

since 2800 new rates would be computed in a 280 sec period with

no change in attitude information. Therefore, in order to pre-

dict rate accurately, it will be necessary to open up the sampl-

ing period to at least 280 sec during limit cycle phases for the

i000 ft reflector (when vehicle rates are extremely small).

Modify the control logic so that propellant consumption can be

minimized in the presence of very low disturbance torques. This

requires modification of the switching logic and possibly a means

for identifying the approximate magnitude of the disturbance tor-

que so that the appropriate switching logic can be determined.

Incorporate a control logic which will estimate where the solar

pressure is acting (c.p.) relative to the vehicle c.g., and command

rotations about the vehicle X axis such that the solar torque is

of the opposite sense to the gravity gradient torque. This tech-

nique may require appreciable study before it can be incorporated

into the control system, but should provide a propellant saving.

By incorporating the above modifications, which only require

software changes in the LGC, into the IM PGNCS, the ABLE - GNCS

DAP would be an efficient control system for the ABLE mission.

In the normal mode of operation, in association with a rigid body,

it is not anticipated that the DAP configuration outlined above

would encounter any stability problems. The DAP is also designed
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5.2.3.2 eont'd

to operate in a stable manner with a vehicle whose fundamental

bending frequency is as low as i c.p.s. With the reflector

deployed, a preliminary structural analysis has shown that the

fundamental bending mode frequency will vary between 0.I c.p.s.

for a reflector of approximately 500 ft in diameter, to 0.001

c.p.s, or less for a reflector of 3000 ft diameter. A detailed

analysis of the vehicle stability under these circumstances has

not been performed because of the lack of adequate structural

data. A qualitative investigation indicated that for frequencies

of the order of 0.i c.p.s, the problem should not be severe be-

cause the sampling period in the DAP will be an order of mag-

nitude bigger than the structural period. As the frequency

approaches 0.01 c.p.s, the problem becomes more difficult to

solve because the structural period approaches the sampling

period. In this case it may be possible to devise a logic sys-

tem and/or a digital filter in the DAP which prevents pulsing

frequencies of the jets exciting the structural modes, by de-

laying firing for a short time period. For structural frequencies

below 0.01 c.p.s, it is difficult to make any assessment of the

vehicle stability characteristics without a detailed analysis.

In conclusion it should be stated that the design of an analog

autopilot which can operate in the presence of very low struc-

tural frequencies appears to present problems of far greater

magnitude than those associated with the digital autopilot.

5.2.3.3 Control Torquers and Thrusters

The LM PGNCS is interfaced with a reaction control system (RCS) which is used

to provide translational motion in response to guidance system thrusting commands

and rotational motion in response to control system commands. The RCS utilizes

i00 ib thrusters at a nominal moment arm of 5.5 ft, giving a control torque of

ii00 ft ib when jets are fired to give a pure couple. The minimum translational

thrust is i00 ib, but this results in a rotational motion because of the un-

balanced torque generated.
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Analysis of the applicability of this system to the ABLE vehicle indicates

that during mission phases when the reflector is not deployed, or is in the

process of deployment, the RCS can be used to provide control torques and

translational motion.

When the reflector isdeployed, however, the capability of the reflector

to absorb the relatively high thrusts and torques associated with the RCS

must be considered. Preliminary structural estimates indicate that firing

of short duration from pairs of RCS jets can be tolerated providing long

time periods elapse between firings. The influence of this on stationkeep-

ing requirements has not been assessed. The capability of the structure

to withstand torques is limited to a maximum of iO0 ft ib, and compared to

the RCS torque of ii00 ft ib it is indicated that another torquer system

must be considered. Also, an analysis of the propellant requirements for the

RCS indicates that a more efficient method of control must be found.

Various types of control torquers were considered including control moment gyros_

inertia wheels, fluid fly wheels, and moveable reflector panels (in connection

with solar sailing techniques) in addition to thrusters (mass expulsion devices).

Both control moment gyros and inertia wheels were eliminated as possible tor-

quers for attitude control because of the large total impulse requirements in

one cycle, leading to excessive torquer size, or alternatively, leading to an

excessive number of unloadings.

In the investigation of fluid flywheels it was assumed that mercury would be

used as the fluid. For the largest size reflector considered, it was found

that 12,200 ib of mercury would be necessary for control about the Y and Z
I

axes. Two equally size_iwheels are needed, one centered about each axis, and

in order to keep the fluid requirements to a minimum the diameter of the wheels

should equal the diameter of the reflector. Fluid flywheels were not pursued

further because of the large weight and awkward physical configuration required.

A solar sail control technique, consisting of varying the shape of the reflector

to induce a solar pressure torque about its c.g., was also investigated. For

example, a 3,000 ft reflector in synchronous orbit tilted at an angle of 45 °

with respect to the earths surface has a gravity gradient torque of about 2.7
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5.2.3.3 cont 'd

ft lb. If the reflector's shape is altered by rolling up sections of the reflec-

tor near its edge, an area of 1.92 x 104 sq ft (a section of reflector 139 ft

square) would have to be furled.

Mass expulsion devices such as ion engines were considered for the ABLE mission.

Two factors made ion engines unattractive, the problem of hardware availability

for the ABLE launch date, and the high inherent dead weight of the system, 700 lb.

Based on these preliminary results it was decided that reaction control thrus-

ters are probably best for attitude control. The selection of the reaction

control thruster configuration was predicated on obtaining small propellant

requirements. The propellant required for a pair of thrusters to generate a

given rate change (_@) is given by the expression:

where

W = 2Ft o_ = 2Tt on = 2 (_@) I

I I L I L
sp sp sp

W

F =

T =

L

t =
on

I =

propellant weight

thrust level per thruster

torque generated

thruster lever arm

jet on time

rate change

vehicle inertia

ib

ib

ft ib

ft

sec

rad/sec

slug ft 2

This expression shows that for a given vehicle and rate change, W will be

minimized if the quantity I L is maximized. Clearly, this happens when I
sp sp

is increased or L is increased. The maximum value of L is obtained when the

thrusters are situated on the periphery of the reflector. The value of I
sp

is dependent on the type of system used (monopropellant, cold gas, etc) and

the decision as to which system to use is governed by hardware complexity and

reliability considerations. In general the choice of system is based on the

total impulse requirements (and resultant propellant weights and system vol-

umes ) .
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5.2.3.3 cont'd

The maximumratio in I between cold gas and bipropellant systems is of the
sp

order of i0 to i, whereas the ratio of the momentarms between thrusters mounted

in the LMRCSclusters and thrusters mounted on the periphery is of the order

of i00 to i. Therefore, it is always more efficient to mount the thrusters on

the periphery irrespective of the propellant used, peripheral thrusters are
recommendedfor the ABLEvehicle.

The propellant requirements for the peripheral thruster system is obtained by
dividing the total angular impulse required by the thrust momentarm to yield

total impulse, from which the propellant weight is obtained by dividing by the

propellant Isp. Curves for computing propellant weight are given in Fig. 5.2-2.

The maximumthrust level required of the peripheral thrusters is determined by

dividing the peak torque by the thruster momentarm. The minimumthrust per

jet (assuming pure couples are used) is shownin Fig. 5.2-3 as a function of
reflector diameter.
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5.3 REACTION CONTROL ANALYSIS

I

I
I

The type of propulsion system to be selected for reaction control of the ABLE

spacecraft is dependent upon a number of cansideration_. Such parameters as

weight, volume, thrust level, system complexity_ availability and compatibility

must all be considered. Table 5.3-1 summarizes these selection factors for

various types of systems as they apply to the ABLE spacecraft.

System weight (less plumbing and engines) vs total impulse over the range of

interest is presented in Fig. 5.3-1. It should be noted that for the range

of total impulse considered_ it is proper to omit plumbing and engine weight

since it represents a small percentage of the system weight and is approxi-

mately equal for the various systems. As far as possible, common assumptions

were made for all systems, i.e., for cold gas, monopropellant and bipropellant

systems, all tanks were assumed to be titanium (Ti 6 A1-4V) spheres with a

factor of safety of 1.5. Other assumptions are as follows:

o Cold Gas System

I

I
I

I
I

I
I

- Gas = Nitrogen

- Storage Pressure = 3000 psia

- Isp = 60 sec.

Monopropellant

- Propellant = Hydrazine, N 2 H 4

- Pressurant = Helium

- Pressurant Storage Pressure = 3000 psia

- Propellant Tank Pressure = 200 psia

- Isp = 200 sec.

Bipropellant

- Propellant = N 2 04 and UDMH/N 2 H 4

- Pressurant = Helium

- Pressurant Storage Pressure = 3000 psia

- Propellant Tank Pressure = 250 psia

- Isp = 250 sec.

I

I
I

Subliming Solid

- Tank Weight = ii.5% of propellant weight

- Isp = 75 sec.



5.3 cont' d

Propulsion system propellant and/or pressurant volume for the various systems

is plotted in Figure 5,3-2 as a function of total impulse. The volume of the

cold gas system is large for this application over the entire range of total

impulse while the volume of the subliming solid system is large over a large

portion of the total impulse range considered.

Fig. 5.3-3 presents the maximum allowable thrust, based upon structural moment

limitations, as a function of distance between thrusters. This curve depicts

thrust regimes for various propulsion systems and can be used in conjunction

wdth Figure 5.3-4 in order to select an applicable system.

'The use of ion engines was dropped from consideration because of its operational

complexity in comparison with other systems, without any gross weight savings.

In addition_ it is felt that ion engine systems are not far enough along in

development to keep them in contention with the other systems. It should be

mentioned that the ion engine system weight and volume parameters are not in-

cluded in Figs. 5.341 and 5.3-2 because they are not solely a function of

total impulse.

In conclusion, the monopropellant and bipropellant systems are the favored

choices for large reflectors. When engine thrust level requirements and pro-

blems associated with materials compatibility are considered, monopropellant

systems appear to be more desirable. If reflector sizes in the range of

400-750 ft are decided upon_ subliming solids and cold gas systems again become

competitive.
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5.4 RELIABILITY

5.4.1 Introduction

In order to properly assess the Reliability and Maintainability aspects of

Project ABLE_ the following areas were investigated:

o

O

o

o

The relative merits of both manned and unmanned mission and

flight vehicle configurations

Reliability estimate for a manned ABLE LM mission

The identification of LM equipment that would provide the

functional redundancy to negate single failures

The degree of both on-board and downlink status monitoring

which would enable the crew or MSFN to take remedial action

to permit continuation of the mission

The identification of those equipments which because of their

present design may be categorized as limited life items.

Both mission success, and crew safety, where applicable, were considered in

the reliability analysis. Mission success was defined as the achievement of the

primary objectives of the mission such as reflector deployment, alignment and check-

out, and up to a six month operational phase. The crew safety evaluation was a con-

sideration of the fact that there are combinations of failures which could result in

a hazard to the crew.

5.4.2 Comparison of Flight Vehicle Configurations

In evaluating both manned and unmanned missions, the following configurations

were considered:

o Case I - Single unmanned Saturn V launch

o Case 2 - Dual launch with the LM/Reflector on one vehicle and

the manned CSM on the other vehicle

Case 3 - Single manned Saturn V launch.

5.4-1
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5.4.2 (continued)

The single unmanned Saturn V launch (Case I) would at first, appear to be the

most reliable configuration because of the off-loading of those subsystems or portions

of subsystems which are considered as life support equipment and those equipments

necessary for a man-in-the-loop operation (e.g. controls_ switches, displays, etc.)

It must be realized however, that the additional equipment and/or possible changes to

present equipment design necessary to perform remotely controlled on-board checkout

and calibration, and in the event of a failure fault detection, fault isolation and

selection of on-board compensation must be considered sufficiently complex to nullify

the above-mentioned reliability improvement. Because of the lack of definition of

the required equipment additions, _ere ._as been no quantitative reliability assess-

ment made for this configuration.

It was assumed in the dual launch configuration (Case 2) that the first launch

vehicle with the ABLE LM would have to be put into orbit approximately 14 days prior

to the launching of the CSM because of the required launch complex "turn-around" time.

During this 14 day orbital phase, the vehicle could be in one of three possible states:

o All equipment, with the exception of the heater control circuitry for

the IMU and reflector canister nonfunctional in a power-down configu-

ration for the entire 14 days

o All subsystems nonoperational for a portion of the unmanned orbital

phase and then activated for a vehicle checkout prior to the launch

of the second vehicle. These functional modes could be continuous

or intermittent

I

I

I

I

I

I

I

I

I

I

I

I
o All equipments could be functional for the entire 14 day period.

This means that much of the complexity associated with Case i would also apply here.

Here again, because of the undefined nature of the requested modifications_ no attempt

has been made to compute the probability of success for this configuration.

A manned single launch configuration (Case 3) appears to afford the most reli-

able mode of operation because of the elimination of many automatic startup and check-

out requirements. It is recognized that the additional equipments for life-support

during the 36 hour manned phase will affect the probability of success, but this affect

will be minimal because of the relatively few components involved and the functionally

redundant modes of operation available.
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5.4.2 (continued)

For the purposes of determining an estimate of the ABLE LM mission success

reliability the following assumptions were made:

o From launch through final alignment, there is one LM battery

(primary) available for contingency, thereby giving us a 5

out of 6 configuration

o Failure rates for the Ni-Cd batteries are based on TRW estimates

o Because of the lack of definition of the MIT configuration_ the

reliability estimates of the vehicle are exclusive of this GFE

equipment

o The RCS subsystem on the _ vehicle is assumed to be nonoperational

after the manned phases

o The instrumentation subsystem and the communication subsystem

were assumed to be operating continuously during the manned phases

o The reflector peripheral monopropellant thrust chambers were assumed

to have a 33 duty cycle during the mission

o Failure rates for the peripheral thrust chamber were derived from

TRW estimates.

A plot of the probability of mission success during the manned and unmanned

phases is shown in Fig. 5.4-1. There was no estimate made of the crew safety reli-

ability, however a preliminary failure mode and effects analysis indicated that the

likelihood of crew loss_ due to malfunction of the ABLE LM_ was extremely small.

5.4.3 Functional Redundancies

The configuration proposed for ABLE LM_ which is basically the LM as modified

for the specific mission objectives_ contains inherent redundancies which will enhance

the probabilities of mission success and crew safety during the various phases of the

mission. These are summarized below by subsystem.

5.4.3.1 RCS

Functional redundancy inherently exists in the LM RCS configuration. The LM

5.4-3



5.4.3.1 (continued)

has RCS thruster failure detection and compensation capability. Furthermore_ during

manned phases of the ABLE mission_ selective initiation of the pressurization system

can render "operational" redundancy. The utilization of LMpressurization system "A"

until depletion and then employing System "B" leaves System "B" unpressurized for a

greater length of time. Hence, even though the total propellant quantity of systems

"A" and "B" may be required to fulfill mission objectives, "operational" redundancy

may still be achieved (System "B" being kept in reserve for as long as possible).

Should the propellant quantity of System "A" be sufficient to satisfy mission require-

ments, then System "B"_ used as described above, provides a purely redundant pressuri-

zation system. The above operational method are presently dependent on having man in

the loop.

As presently configured the reflector, low thrust, monopropellant thrusters do

not have any functional redundancies. Capability for incorporation of the LM jet select

logic for correction of thruster failures is possible with certain minor additions to

the reflector jets functional configuration.

5.4.3.2 Ecs

The proposed coolant pump configuration will consist of three parallel pumps,

each of which can provide normal flow for the heat transport system. During the manned

phases of the mission, the astronaut could switch from one pump to another in the event

of a failure. During the unmanned phases this could also be done by means of an uplink

comma nd.

During the manned phase the closed loop atmosphere revitalization system is

considered back-up to the nominal "helmet off" operational mode. In addition, the

switch fans, water evaporator, water separator, and PLSS cartridges are functionally

redundant within the ARS.

5.4.3.3 EPS

A redundant NiCd rechargeabie battery is provided to increase mission success

during the si× months unmanned phase. During the launch through alignment phases one

LM battery would be available for contingencies and is considered redundamt to the

required five batteries.
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5.4.3.4 Communications

Redundancies in the communications subsystem consist of the following items:

o S-Band Transceivers - Either transceiver may be used during manned

or unmanned phases. Selection of either unit can be made manually

during the manned phase. Selection during the unmanned phase is

telemetered to the uplink Command Receiver and is carried out by

the DCA.

o S-Band Power Supply and Amplifier - Same as above.

o VHF A and B Transmitters and Receivers - Either receiver and either

transmitter may be used to communicate with the CSM during the manned

phase. However, during an EVA the _7£F B receiver must be used because

of its bio-med data handling capability. Under this condition either

transmitter may be used. The LM VHF equipment will not be used during

the unmanned phase.

o Audio Centers - The audio centers are both used during the manned phase.

However, should one fail both men can plug into the other center. Both

centers are required for EVA with no backup mode provided.

5.4.4 On-Board On Ground Monitoring

An integral part of the LM Instrumentation, Controls and Displays and Communica-

tions Subsystems, is the capability for both on-board and/or ground detection of

malfunctioning equipments for the purpose of isolating the faulty equipment and taking

the necessary remedial action.

During the manned phase the data obtained by LM Instrumentation is presented in

three ways. First, all of the data is coded and relayed to the MSFN via the S-Band

communications subsystem. Second, the Caution and Warning subsystem is designed to

evaluate instrumentation data obtained from the various subsystems and to advise the

astronauts of the apparent development of minor problems (caution) or of the presence

of major problems (warning). Third, being made aware of problems by the Caution and

Warning subsystem, there are sufficient Displays and solution capability on the vehicle

to aid the astronaut in analyzing the seriousness of a subsystem problem. He can then

take corrective action and decide whether to continue with the mission. Also, if time

permits, he can consult with the MSFN for concurrance on the data, his analysis of the

problem and his decision. Furthermore, the astronauts can periodically observe the



5.4-4 (continued)

various Displays to note existing conditions.

During the unmannedphase, the data obtained by LMInstrumentation is telemeter-

ed to and monitored by the MSFN. Such items as vehicle position and temperature

gradients on the reflector can be monitored and corrected as necessary by reorientation
of the vehicle. Also, other parameters are recorded by the MSFNand analyzed. All

corrections, adjustments and decisions will be madeby the MSFNvia the uplink, during

this unmannedphase.

5.4.5 Limited Life Study

A review of the LM equipment proposed for the ABLE LM was conducted to determine

the effect of their performance of a six month operational period. The following

assumptions were established for this task_

o The duty cycle of the electronic equipments is as detailed in EPS

load profiles

o The RCS system is fully pressurized and remains so from the commencement

of the manned phase

o The ECS heat transport system is operative and remains so for the entire

duration of the mission.

The results of this limited life study are listed in Table 5.4-1. The major

purpose in identifying these limited life items is to ensure that appropriate engineer-

ing attention be directed to them early in the design effort.

In addition to the potential limited life items noted in Table 5.4-1, the LM

program will be continuously monitored for signature trend data that will modify this

preliminary listing.
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5.5 MASS PROPERTIES

The complete weight statement for the ABLE LMProgram Planning Configuration

(PPC) is listed in Table 5.5-1. This weight statement was generated by starting

with the control weight of the Apollo LMAS-504, at translunar injection, and then

adding and deleting hardware as defined in Table 2.2-1. A reference ll00 ft. diameter

reflector was chosen for the PPC. The total weight of the PPC ABLE LM was estimated

to be about 27,100 Ibs. leaving 4900 lbs. (18%) for growth contingency. The following

expendables carried onboard the Apollo LM AS-504 were retained in the ABLE LM configu-

ration_

o

O

O

Water - 288 ibs.

Gaseous Oxygen - 55 Ibs.

RCS Propellant - 539 ibs. useable

5.5-1



Table 5.5-1

ABLE LMWEIGHT STAT_VLENT

LM - AS-504 CONTROL WEIGHT - TLI

Ascent Structure

Unchanged

Descent Structure

Remove :

Base Heat Shield

Add _"

ABLE Canister & Supports

LM/Reflector Attachment Penalty

Guidance_ Navigation & Control

Remove :

DECA

GDA

ASA (AGS)
AEA

RGA

DEDA

A6_

Rendezvous Radar

Landing Radar

Added :

PCA

LOTS

Crew Provisions

Unchanged

Environments i Control

Add •

Fixed radiators (Installed Wt.)

5.5-2

32 _000

-146

i, 000

I00

-7
-6

-32

-20

-2

-8

-22

-75

-38

6O

S4

5O
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Table 5.5-1

continued -

Landing Gear

Remove_

Total Landing Gear

Instrumentation

Same weight as Apollo/LM mission

Electrical Power

Added_

Deployable Solar Arrays

Rechargeable Batteries (2)

ECA's (2)

Battery Chargers & Voltage Regulators

Wiring_ Supports_ etc.

Propulsion

Ascent Propellant - Total

Descent Propellant - Total

D/S Propellant Tanks

A/S Propellant Tanks

D/S Engine

A/S Engine

A/S Helium

A/S Helium Tanks

Added:

D/S Supercritical Helium Tank

Helium

Plumbing & Supports

Reaction Control

Unchanged from LM

Communications

Bemove:

TV

S-Band Erectable & Steerable Antenna

Add:

V}{FAntenna

DCA & CMD Rcvr

-465

1200

-5o9o

-17,749
-440

-172

-377

-212

-13

-iii

i00

55

15

-8

-38

3

4o



Controls & Displays

Table 5- 5-1

- continued-

7O

5 ;-4

I_O']IA _ _ L_ 9686

i_00 ft. diameter reflector 17,400

TOTAL ABLE LM 27_086

GROWTH ALLOWANCE 4914

32,000 ibs.
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6.0 ABLE LH SUBSYSTEM ENGINEERING

6.1 ELECTRICAL POWER

6.1.1 Electrical Load Analysis

6.1.1.1 Assumption for Manned Mission

The electrical load analysis was based upon the reference mission profile and time-

line (Section 3.5) and on the following ass'amptions:

0

0

0

0

0

0

0

6.1.1.2

Vehicle status monitored once per day during the six month

unmanned phase.

Reflector attitude control is provided by four monopropellant

thruster modules located at the periphery of the reflector.

Each thruster module is packaged with electrical heaters for

thermal control.

LM provides electrical power requirements from Earth launch

to CSM transposition and docking.

CSM provides LM with electrical power requirements, through

existing umbilical, from CSM docking until the start of LM

activation.

During initial reflector deployment, the LM remains activated

in an unmanned controlled attitude mode.

Solar arrays are deployed and checked out after reflector de-

ployment is completed. It was assumed that the array starts

operating at the 50th hour. The LM primary silver zinc

batteries are then used to supplement the array for the higher

spacecraft loads encountered during the manned phases.

An additional i0 hours of manned LM operation are allotted for

reflector readjustment and contingencies.

Power Profile for Manned Mission

Table 6.1-1 details and summarizes the average power and energy requirements.

Solar array heater power of 160 watts is required after array deployment. This

occurs because heaters are required to m_intain the arrays above -160°C -while

6.1-i



6.1.1.2 cont'd

they are in the shadow of the reflector as discussed in Section 51 Control

power for the array_ the voltage regulator, battery charger and controls were

included as continuous loads. However, voltage regulation inefficiency, line

losses from the array to the LM and battery charging inefficiencies are not

included in this table, but have been taken into account in the array and

battery sizing (Table 6.1-3).

Figure 6.1-1 is the mission average power profile derived from Table 6.1-1.

The profile shows the division of required energy between the LM primary batt-

eries and the solar array. With solar arrays supplying power at the 50th hour,

15 kwh of energy is available from the LM primary batteries for EPS contingency.

6.1.1.3 Requirements for Unmanned Mission

The unmanned mission power requirements would be the same as the unmanned portions

of the manned mission except for an increase in the Instrumentation and Comm-

unication duty cycles for continuous monitoring and control of the LM from Earth.

The major difference in the power profile is that all the LM subsystems would

probably be fully activated prior to Earth launch_ LM/SIVB separation would be

identical to LM-I separation using the LM RCS. The ABLE LM would be subject to

earth control during reflector outgassing, deployment and the final alignment

period.

i

i
I

I
I

I
I

I
I
I

I
I

The estimated average power level for the entire 49 hours period from countdown

until solar array deployment (see Section 3.5) is 1050 watts. Therefore the _ot:l

energy that must be supplied by the LM primary batteries is 51 kwh. This leaves

15 kwh of LM battery energy available for support of final deployment, alignment

and calibration of the reflector system.

6.1.2 Orbital Mechanics Consideration

6.1.2.1 Orbital Altitudes

I
I

I
I

The orbital altitude parameters considered for sizing the ABLE LM EPS :-re shown

below. The occultation times shown are the maximum possible per orbit based on

a circular equatorial orbit.

i

I
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Period

Hr.

12

24

6 .io2.2

Altitude Occultation

N .Mi _ Hr

5591 12.0 0.72

10931 7.5 0.90

19330 5.0 1.20

Spacecraft Orientation (See Attitude Time-Line Curves in Section 3.2)

The spacecraft was assumed to rotate around the right ascension axis (parallel

to earth polar axis) exposing each side of the reflector in succession to the

sun. The spacecraft will also be subject to angular variation around the de-

clination axis.

6.1o3 EPS Configuration

The recommended ABLE LM EPS Configuration is shown in Fig. 2.2-1. In this

configuration, the existing LM EPS is retained and supplemented, for the six

month unmanned phase, with a solar cell array and rechargeable battery power

supply. The existing LM EPS, which does not require vehicle orientation_supplies

the ABLE LM power requirements until the solar arrays are deployed. From that

time to the end of the manned phas%the solar arrays and the LM batteries are

operated in parallel to meet the relatively high power requirements during manned

ABLE LM operations. During the six month unmanned phase, power is entirely

supplied by the solar array and secondary battery power supply.

For the unmanned mission the EPS configuration remains the same with the exception

that the manned control and switching requirements sre replaced by remote uplink

command.

The supplementary power supply includes two silicon solar cell arrays, one on

each side of the reflector, two secondary NiCd batteries (one for redundancy),

battery charger assemblies, and a voltage regulator to maintain the power source

output voltage within allowable voltage limits.

6.1.3.1 Solar Cell Configuration

The EPS configuration makes use of existing space electrical power technology and

equipment. Conventional N/P lO_f_cm, high radiation res_tant silicon solar cells

6.1-3



6 .i .3 .i

with 0.006 inch glass cover, consistent with the expected radiation environment

are applicable. The radiation environment used for the solar cell configuration
studies is summarizedin Section 3.4. Solar cell module designs already developed

for other space programs appear to be usable as componentparts of the array.

Exampl=s of these are presented in Table 6.1-2.

Several configurations of solar cell arrays were investigated and their size

and weight comparedfor the three orbits studied. Table 6.1-3 presents the cri-

• teria used and a sample calculation of solar array and secondary battery sizing.

6.1.3.1.1 Solar Array with Two Degrees of Freedom. This configuration is one in

which each solar array contains an orientation and drive mechanism, whose func-

tion it is to maintain the array normal to the sun vector so as to minimize the

required solar cell area. This _o_n Jou_ be unaffected by vehicle attitude changes.

The required angular movement, rates, and masses are such that existing space

system hardware can probablybe utilized for the orientation and drive mechanism.

The orientation control function could be accomplished by a closed loop servo

system using intelligence from a sunsensor and or from the LM guidance computer.

The ABLE LM has the capability for receiving "uplink" command override signals

from Earth.

Fig. 6.1-2 shows the variation of required solar cell array area and weight vs

orbital altitude for this type of system. It can be seen that the variation of

orbital altitude from 5 to 20 thousand miles results in only a 50 lb variation

in solar array weight and 40 sq ft of area.

6.1.3.1.2 Solar Array with Single Degree of Freedom. This configuration differs

from the previous configuration only in that the solar arrays have one degree of

freedom instead of two. The rotation _xis of the arrays are parallel to the

right ascension axis THis compensc_es for the i_ ,_r movement of tDe vel,icle

Ac,diticnel solar cell ares ovec the _wo de_ree of freedum required a,ea _ould

be needed to comnens'te i'o, the vehicle dec[.Ti_ntion _:,]]e @s sho_n in Fiz 6.1 _.

6.1-4
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6.1.3.1.3 Fixed Solar Arrays. An alternate solar cell configuration that

was considered is a fixed array. This configuration eliminates the need for

a sun seeking and positioning system but consequently results in the maximum

required solar array area. Each of the two arrays would consist of 2 panels

set at a sixty degree included angle in the plane of the 180 ° vehicle motion

to compensate for that movement. For vehicle declination angles less than

±60 ° in the normal direction, flat panels (which minimize array area) would

be utilized. The variation of total panel area with vehicle declination angle

for the fixed array and a comparison with other configurations is shown if

Fig. 6.1-3.

6.1.3.2 Rechargeable Battery Configuration

It is proposed to use rechargeable NiCd batteries in conjunction with the solar

arrays for the six month unmanned portion of the mission. The number of cycles

and total duration of the ABLE mission are well within the present capabilities

of NiCd space qualified batteries. Fig. 6.1-4 shows the variation of battery

weight and capacity with orbital altitude for maximum occultation times per

orbit (para. 6.1.2.1). An increase in orbit altitude from 5 to 20 thousand

nautical miles results in a battery weight increase of approximately 150 lb.

6.1.3.3 Battery Charger

The battery charger is designed to replenish the secondary batteries at the

maximum rate consistent with:

° Maximum allowable battery temperature and pressure

° Solar array capability and vehicle bus loading

After a predetermined charge level has been reached, the battery is maintained

on a trickle charge rate. Controls for periodically discharging and reforming

the battery that is being cycled is also included.

6.1.3.4 Voltage Regulator

The function of the voltage regulator is to maintain the power source output

voltage within allowable limits compensating for the solar array and battery

output voltage variations. The voltage variations of the solar array will be

6.1-5



6.1.3.4 cont'd

large]ydueto the long duration (several hours) of occultation by the reflector
structure and the resulting low cell temperature. Variation of cell tempera-

ture from -168 to +60°C are expected (even with heaters) causing voltage var-

iations of over 50 per cent above the LMbus limit.

6. i. 4 Alternate Configuration

A survey of other types of power supplies capable of performing the ABLE

mission was made. The only other power supply which appeared to have the

development status, power delivery capability, weight and configuration which

could be considered for this mission was the SNAP IOA system.

The utilization of a SNAP IOA power supply appears to be feasible for the ABLE

mission. This generator has the nominal power and life required for this mission

and has been successfully flown in space for a period of 45 days. The system

would be mounted on the L M in a shutdown state prior to launch, and, after re-

flector deployment and vehicle alignment, the SNAP IOA would be deployed on a

boom. 2n a manned mission_start-up would occur after the astronauts have left

the vehicle.

The SNAP IOA is attractive because it does not have any orientation requirements.

In addition, the unit is a developed and qualified package and has been started-

up and utilized in space. The unit would supply power to the vehicle through

a voltage regulator and require the addition of peaking batteries and a recharger

to handle short duration high power requirements.

The required reactor/LM separation distance and the resulting deployment proce-

dures for a i000 ib mass, and prelaunch handling operations require further

evaluation.

6.1.5 Comparison of Configurations and Conclusions

A comparison of the different power supplies considered for the I_ ABLE is pre-

sented in Table 6.1-4. A comparison of total system weight vs orbit altitude for

all configurations considered is presented in Fig. 6.1.5. It is concluded that

it is feasible to provide a power supply for this mission utilizing either a solar

6 .i-6
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6.1.5 cont'd

cell or SNAP IOA configuration supplementing the existing LM EPS. The selection

of a particular EPS configuration must involve a detailed comparison of cost,

schedule, development status, reliability and vehicle integration.

6.1-7
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! TABLE

DATA ON STATE OF THE ART LARGE SOLAR ARRAYS

!

!

!
!
I

!
!

!
!
!

I
I

!
!

!
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!

MAA_IfFACTURER

Spacecraft Series

Number of panels

per spacecraft

Array Type

Movement

Panel Dimensions_

Ft.

Panel Area_ sq ft

Panel Powel

W/sq ft at above

Temp

Temp Range, °C

Panel Weight _ Lb

Lb/sq ft

Basic Blk Dim. in

No. of Modules

per Block

No. of cells per
Module

Module Dimensions

Cell type

Glass Cover

Module Wiring

Drive

GAEC

OAO

4 Main plus

4 Outboard

Deployable

Fixed

4.4 x 5.5

(largest Main Panel)

24.1

230 W_ 29°C

7.12

-57 to ii0

42

(with solar cells

on one side only)

1.74

65" Length

2" to 4" Width

81 in series

5_6,7,8_9 or iO

2 c m high (one cell)

and 5_6_7,8,9 or i0

cm in Length

i x 2 cm_ N/P

.006"

Parallel

None

TRW

oGo

_2

Deployable

Single Axis

7.6 x 6.1

43.2

370W, 65°C

8.6

-160 to 80

69

(Panel - 57

Drive - 12)

1.32

Not applicable

Not applicable

112

3" x 13"

IN/p
.006"

7 Parallel

16 in series

TRW hermetically

sealed electric

motor with conical

nutation output gear_

*At airmass zero_ normal to solar vector.

6. i-ii

Agena

LOCKHEED

Deployable

Fixed

20x5

94

750w, 55°c

8

-130 to 94

99.5

Not applicable

4.5" x 14"

N/P
.004"

Not Available

None
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TABLE 6.1-3

ARRAY AND BATTERY SIZING CRITERIA

Power Required at LM busses: 867 W (Table 6.1-1)

Voltage regulator efficiency : 0.95

Line losses from array to voltage regulator:

Battery charge/discharge cycle efficiency:

Solar cell operating temperature (normal to sun)

Initial solar cell ouput at 60°C (normal to sun)

Solar cell degradation due to space radiation

Solar cell output used 8.6 x .89 (normal to sun)

Occultation data for equatorial orbit

Altitude Period Occultation

N. Mi Hr { Hr

_al 6 12 0.72

10931 12 7.5 0.90

19330 24 5. 1.20

7 per cent

0.65 per cent

60°C

8.6 w/sq ft

ii per cent

7.65 w/sq ft

Sample of System sizing for 12 hr orbit (PPC configuration)

o Battery

Energy for one occultation of 0.90 hour with 0.95 voltage regulator

efficiency 867 x 0.90
= 820 wh

o.95

Battery discharge at 28 volts

82O
2-_- = 29.2 amp. hrs

Assuming a depth of discharge of 55 percent which is very conservative

considering the small number of cycles (360) during the six month

unmanned phase_ the required initial capacity for one battery is

29.2
= 53.0 amp. hrs.

O.55

The voltage per cell of NiCd battery varies from 1.35 to 1.22 from full

charge to 55 percent discharge; hence 23 cells are required to produce

the required voltage range.

6 .i.13
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o Battery

For 23 cells in series the _pecific weight is 2.4 ib per smp. hour

allowing 20 percent for the battery casing.

The weight of one 53 amp.

I
TABLE 6.1-3

cont 'd I

cont 'd I

_ _i_c_cific w

le b _ttery c I

hr. battery is:

53 -- 130 ib I

redl ncy th _rcJ

;

L \T-_] x _7
,ati_

' ef: eric = .95 I

sch; cy le eff i_ i I

o-_ /l+_u-- l_'.-_x_
L. _.-_5 / IJ

2.4 X

Using two batteries for redundancy therefore requires 260 lb.

o Array

Array gross power = Net Power

¢
N
vr

Nb

= Percent of occultation

= Voltage regulator efficiency =

= Battery charge/discharge cycle efficiency = .65

Array Gross Power =

Array Area

= 985 x 1.131 = 1115 watts

= 1115/7.65 = 146 sq ft I
I

* o.88: Loss coefficient allowing for line losses and voltage regulator

inefficien:_y

Battery average recharge power

867

1115 - _ = ll3W

I

I

I

I

I

I

I
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6.2.2.2 Continued

ECS functions:

° Supplies oxygen for metabolic consumption

° Pressurizes the LM cabin and/or spacesuits

° Permits cabin decompression

o Prevents overpressurization of the cabin

° Provides emergency pressurization in the event of a cabin puncture.

o Provides for PLSS recharge

The OS PCS stores_ in gaseous form, all oxygen required by the ECS. Oxygen from

a descent stage GOX tank is fed to a high pressure oxygen control module which

provides first stage regulation and a relief capability for this tank. Descent

stage oxygen is then directed to an oxygen control module in the LM cabin as is

oxygen stored in the ascent stage°

Oxygen is filtered and delivered to the suit circuit assembly by one of two demand

regulators in response to signals from pressure sensors. Each of these valves is

equipped with a manual override. A cabin repressurization and emergency oxygen

valve delivers oxygen to the LM cabin for repressurization or to delay cabin

pressure decay if the cabin pressure shell is punctured_ in response to signals from

the cabin pressure switch. The valve has a manual override.

Over pressurization of the cabin is prevented by cabin pressure relief and dump

valves° These valves automatically relieve excess pressure by venting oxygen over-

board. The valves can be manually operated from inside or outside the cabin to

dump cabin pressure overboard°

The maximum useable oxygen storage capability of the LM OSPCS is 49.6 ibs, 45.2 ibs

of which is stored in one descent stage tank (at 2850 psia) and 4.4 ibs in two

identical ascent stage tanks (at 850 psia)o

During routine flight, ECS oxygen is consumed at an average rate of 0°37 ibs per

hour (two man crew, leakage included), while 6.9 and 0.91 ibs are required to

repressurize the LM cabin subsequent to EVAS and refill the PLSS backpack respectively.

6.2-3



6.2.2.2 (continued)

A mission profile with no requirements for EVAwould thereby permit 134 hours of

mannedroutine flight. Each EVAwould decrease this capability by approximately

21 hours.

A Block II CSMis capable of providing sufficient oxygen to support currently

projected mannedLMoperations in a docked configuration (see paragraph 6.2.3).

Separated flight would_ of course, require self sufficiency on the part of the LM

ECS.

6.2.2.3 Heat Transport Section

The Heat Transport Section developed for the Able mission is shown schematically

in Figure 2.2-1 and has the following functional capabilities:

o Provide active thermal control of electronic equipment in the Able/LM

o Provide latent and sensible heating or cooling of the 02 flow in the
suit circuit assembly

o Provide sensible heating or cooling as required to control cabin temperature

o Provide for the rejection of waste heat by water sublimitation and/or the

utilization of space radiator panels.

Coolant (62_ ethylene glycol, 37_0 water) is circulated by one of three coolant

pumpsin the coolant recirculation assembly. Since each pumpcan provide normal

flow, only one pumpis operated at a time, the remaining 2 pumpsserving as backups.

After leaving the pump_a portion of the coolant flows through a suit circuit heat

exchanger and_ during the mannedphase, heat from the oxygen is transferred to the

coolant. The remainder of the coolant flows through part of a coldplate section,

where it absorbs heat from electronic equipment. The flow then divides between a

regenerative heat exchanger and its bypass, providing the required heat for the

cabin heat exchanger. The flow is divided by a cabin temperature control valve

which is controlled by the cabin heat exchanger coolant discharge temperature. The

control valve in turn maintains the heat exchanger discharge temperature and the

resulting cabin temperature within the range required during mannedoperation.
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6.2_2.3 (continued)

The coolant passes through another coldplate section where it removes heat from

additional electronic equipment and then flows to the suit circuit regenerative

heat exchanger for suit circuit heating° The amount of heating is manually controlled

by the suit temperature control valve_ The coolant then flows through the heat

rejection portion of the loop and then back to the pump to repeat the cycle°

The heat rejection portion of the network consits of space radiators to reject

heat during both manned and unmanned phases and a water sublimator to supplement

the radiators during the period of time from LM activation thru final deployment°

In addition s 5 modulating valves and a regenerative heat exchanger are provided to

control the coolant temperature and the performance of the radiators.

The radiators are located on the descent stage of the vehicle in vertical positions

at 2 locations 180 ° apart as shown in Section 7. The two radiator locations comprise

a total radiator area of 60 sq ft and are integrated into the system to form 2

parallel radiator circuits.

The control characteristics of the heat rejection portions of the coolant loop are

best discussed by continuing the description of the coolant path.

The coolant first flows through the hot side of a regenerative heat exchanger°

From this point it bypasses and/or is diverted to the radiator circuits by the

radiator bypass valve. This valve senses the coolant temperature of the combined

flow downstream of both radiator circuits and attempts to control this temperature

by bypassing coolant around the radiators. This requirement exists because

downstream of the radiator the coolant enters the water sublimator which_ while

operating_ requires a minimum inlet coolant temperature to prevent it from freezing,

Before entering the radiator circuits the coolant passes through an intermodular

control valve which controls the relative flow to each circuit° This valve

compensates for two conditions: (i) the effects of manufacturing tolerances and

different passage lengths on the pressure drop and resulting flow and outlet

temperature of each radiator circuit and (2) since the radiators are on opposite

sides of the vehicle, the effects caused by each citcuit being simultaneously

subjected to different external environments. The desired flow split is

accomplished by the valve control sensing the outlet temperature of each circuit

and commanding the valve to divert greater portions of the coolant flow to the
6.2-5



6.2.2.3 (Continued)

radiator having the lower outlet temperature. The valve and controller recommended

for this use are existing space qualified components currently being used on the

Apollo CSM, consequently no development schedule or cost penalties are anticipated.

Downstream of the intermodular control valve, the fluid flows directly into the two

radiator panels. Each radiator consists of a series of evenly spaced tube passages

arranged on the surface of the panel in a parallel configumation. Also on the panel

is a single passage in parallel with the main parallel circuit except that this

passage has a separate outlet from the panel. Downstream of the panel, the outlet

from the main circuit and that of the single passage are joined by a radiator

temperature control valve which senses the mixed fluid temperature downstream of

itself. At temperatures above 30°F the flow is evenly distributed through all the

tubes in the panel allowing the maximum heat rejection capability of the panel to

be utilized. As the sensed temperature drops below 30°F the valve will direct more

fluid to the single passage. At temperatures of O°F or below, the valve diverts

full flow through the single passage retaining approximately 30{ of the radiator's

maximum capacity. After leaving the radiator control valves, the two radiator

circuits combine and pass through the radiator bypass valve which is discussed

above. The fluid then enters the water sublimator which rejects 1200 BTU/hr,

during minimum load and cold environment conditions and rejects 3300 BTU/hr

during maximum load conditions (See Section 5.1). As a result of these loads,

the sublimator will consume approximately 1300 ib of water. While operating, its

coolant outlet temperatttre under all load conditions will be 29°F. This tempera-

ture is below the minimum allowable inlet temperature for certain equipment;

consequently a regenerative heat exchanger and a coolant temperature control

valve are provided to elevate the sublimator outlet temperature to an acceptable

level.

As discussed above, the intermodular control valve is an existing Apollo CSM

component. The remaining 4 valves; namely, the radiator bypass valve, the 2

radiator control valves and the coolant temperature control valve, are all an

existing LM componenet (cabin temperature control valve), requiring only that its

sensor setting be adjusted for each application. Being a mechanical device, this

can be accomplished by either a minor shim adjustment or a modification to the

sensor itself. The regenerative heat exchanger mentioned above is also a LM

component and will be used without :_ation.
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6.2.2.3 (continued)

Since the controls provide compensation for malflow distribution, the radiators

can be of a simple design having nominal dimensional tolerances and fabricated

using state of the art techniques_

6.2°2.4 Water Management Section

The LM Water Management Section (WMB), retained without modification for the Able

LM, has the following functional capabilities:

o Separates metabolic water from the suit circuit and delivers it to the

water sublimator

o Stores water required for sublimator cooling and/or metabolic consumption

and PLSS refills

o Refills the PLSS water tanks

o Regulates water pressure and delivers it to the water sublimator

A block diagram of the WMB is shown as part of the ECS in Fig. 2.2-1. Water is

supplied to the water control module from the ARS water separators and/or the

water storage tanks_ The tanks are of the bladder type and are initially

pressurized from launch with nitrogen to approximately 50 psia. Water from the

tanks is regulated for compatability with the water separator pressure by

regulators within the water control module. Water is then distributed to both

the water sublimator and PLSS recharge station. A manual shutoff valve is provided

upstream of the water sublimator_ This valve alone controls the operating status

of the sublimator.

The maximum usable water storage capability of an unmodified LM WMB is 406.4 Ibs,

328 ibs of which is stored in one descent stage tank and 78.4 ibs in two identical

ascent stage tanks. Table 6.2-1 presents the water requirements for the Able/LM

mission time line described in Section 3.5.

J
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6.2.2.3 (continued)

Table 6.2-1

Able Water Requirements

Water Sublimation

Metabolic Consumption
PLSSRefills

(2°3 ib/hr argo

(8 ib/man-day)

(6.8 ib/3 hr _VA, 6 EVAs)

130 ib

17 lb

41 lb

TOTAL 188 lb

As shown, water storage capacity of the LM provides considerable growth in manned

operating times and/or EVA activity.

6.2.3 Alternate Configuration - LM/CSM ECS Interfaces

In the event that the Able mission requires an extension of the capability of the

LM to support manned operations, LM/CSM ECS interfaces may be implemented to fully

exploit the combined spacecraft ECS capability.

In a docked configuration, with open hatches and the forced exchange of LM and CSM

cabin atmospheres, most the functions of the LM suit circuit assembly and of LM

oxygen storage and delivery equipment can be performed by the CSM ECS alone,

regardless of crew location. However, the oxygen supply and atmosphere revitalization

equipment is required to support EVA and/or separated LM flight and should be

retained unless these modes of operation are definitely not required for performance

of the Able mission.

The implementation of LM/CSM ECS interfaces have been thoroughly explored and

defined in previous AAP definition study efforts.

6.2.4 Radiator Meteoroid Protection

A study was conducted to evaluate the effects of the meteoroid environment on the

Able/LM radiators and to determine techniques to protect the radiators against such

environments. It should be pointed out, however, that large degrees of uncertainty

still exist in the characteristics of the meteoroids and the resulting damage

phenomena. Protection techniques considered included redundant tubes and/or panels,
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6.2.4 (continued)

selfsealing tubes, preferred orientation, and meteoroid bumper configurations.

Based on the Able/LM mission requirements and constraints, it was concluded that

the meteoroid bumper approach is the preferrable configuration from an overall

consideration of design development and simplicity, fabrication, weight, and

reliability. A bumper configuration, which for the Able/LM radiator panels would

yield a probability of no puncture of 0.9999 results in a weight increase of less

than 20 Ib for the Able LM radiator system.
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6.3

6.3.1

O

GUIDANCE, NAVIGATION AND CONTROL

Groundrules and Assumptions

An On-Board Inertial Sensor Reference System will be employed as the

primary means for maintaining pointing (attitude hold).

° The requirement for remote control of the ABLE LM/Reflector

during the unmanned portion of the mission (up to 6 months)

necessitates the inclusion of an uplink capability and corresponding

modifications to the GN&C Subsystem.

° Abort guidance (for back-up modes) is not a requirement, nor is

a rendezvous radar.

° The Apollo LM Reaction Control Subsystem (RCS) will be employed

for attitude control prior to reflector deployment and for

orbit maintenance (stationkeeping). A monopropellant low

thrust engine system will be used for attitude control after

the reflector is deployed.

° The LM Optical Tracker System (LOTS) and the Program Coupler

Assembly (PCA) are LM developed hardware,

6_3.2 GN&C SubsystemConfiguration #i (Modified LM PGNCS)

A typical GN&C subsystem configuration investigated during the study is shown

in Fig. 6_3-i. This system is essentially an Apollo LM Primary Guidance,

Navigation and Control System (PGNCS) which is modified to enable it to

perform the ABLE mission. The hardware modifications required are:

° Incorporate the LM Optical Tracker System LOTS (to provide the

automatlc inertial reference alignment capability).

° Incorporate a modified Program Coupler Assembly (PCA) Cto provide

a capability to remotely control, via ground stations MSFN)

the LM/Reflector equipment and performance.

° Provide an interface and command signals to a low level peripheral

thruster system.

6.3-1



° Provide an interface and commandsignals to an EPSSolar Array
and to the S-band antenna (as required).

The DSKY,ACA, and TTCAhave also been included as part of the ABLEGN&C

Subsystem, since this equipment will be required and employed dnring the

manneddeployment and mannedinitial operation phases of the Project ABLE

mission. In addition to the hardware modifications, the LGCPrograms will have

to be modified to satisfy the ABLEGuadanceand Control requirements. The

implications of these modifications are discussed below.

6.3.2.1 Incorporation of LOTS

Because of the requirement for automatic alignment of the stable platform, the
applicability of the LM Optical Tracker Systemto the Project ABLEmission

was investigated. References 6.3-1 and 6.3-2 were employed in determining performance

and operational characteristics of the LOTS:

Reference 6.3-1 defines the following Optical Tracker characteristics:

a) Sensitivity - can track to 3rd magnitude star in presence
of 5th magnitude star

b) Can track to within: 30 degrees of sun

5 degrees of sun - illuminated Earth

6 degrees of tracker Zenith (Gimbal lock position)

c) Angular Freedom- Azimuth ±360° (0° parallel - Y Axis) Elevation 20°
below +Z axis to 20° above -Z axis

e) Acquisition Characteristics - Tracker locks on to designated target

within 30 seconds after tracker axis is positioned to within i °

of target position.

f) Instantaneous Field of View - ±7 mrad.

The LOTS,which is mountedon the LMNavigation Base, is gimballed to allow two
axis movement- Azimuth and Elevation.

According to Reference 6.3-2, the LOTSperforms the primary function of providing

IMU alignment data, as follows: "The LOTSin association with the LGCand CDU,

6.3-2
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automatically acquires and tracks a star. The star position data is then

entered, into the LGC via the CDU for use in IMU alignment. The LGC then

computes the proper IMU gimbal orientation and proceeds to accomplish alignment

by initially generating the coarse alignment commands and then fine aligning by

torquing the IMU gyros."

Since the Apollo LM vehicle (LM-4) configuration does not include a LOTS as

part of the GN&C Subsystem, the addition of a LOTS and. its corresponding

interfaces are considered as a modification to the reference PGNCS. The

definition of the modifications required. (wiring diagrams, schematics, interface c

control documents, etc.) in order to incorporate a LOTS into the GN&C Subsystem

has already been performed, in a preliminary manner within the Apollo LM Program,

when consideration was being given to utilizing a LOTS in place of the Rendezvous

Radar. When NASA/MSC made the decision to retain the Rendezvous Radar on LM,

it was simultaneously indicated that NASA intended to complete development of

the LOTS for future use in the 154 Program. As a result of the above discussed

engineering effort (Design and. Development), the LOTS has been included in

the Project ABLE GN&C Subsystem Program Planning Configuration to provide

automatic IMU alignment data.

6.3.2.2 Incorporate a Modified LM Program Coupler Assembly

As outlined in the overall groundrules and. assumptions_ a requirement exists

for remote control of the LM/Reflector during the unmanned portion of the

Project ABLE Mission. This requSrement will necessitate the inclusion of a

communications uplimk capability and corresponding additions and modifications

to the Project ABLE GN&C Subsystem.



Amongthe mission functions that must be performed remotely (during Operation

Phase) are the following:

° Systems/SubsystemsStatus Monitoring

° Redesignation of LM/Reflector attitude

° MSFNnavigational update information to LGC

° LM/Reflector equipment functions (e.g. Antenna switching)

Note: The final definition of the required switching functions to be performed
during the unmannedphase will be a follow-on study task.

It is proposed to employportions of the LMMission Programmer, namely the
Program Coupler Assembly (PCA)to provide the functional relay switching for the

execution of grotundcommandsand/or primary sequence commandsoriginating from

the LGC. The PCAwill interface with the LGC, CommunicationsUplink System, and

all other LM/Reflector equipment requiring remote activation and/or deactivation
capability.

The PCAcontains two relay matrices:

If) A 16 x 16 matrix, containing 127 discrete on-off commandsdriven from

the LGCthrough relay d_ivers, and

(2) A 16 x 16 matrix containing 48 discrete on-off commandsdriven by

relay d_ivers contained in the Digital CommandDecoder Assembly.

6°3.2.3 Interface With Peripheral Thruster System

As presently proposed, a monopropellant low-thrust engine system mounted on the

periphery of the reflector will be employed for attitude control of the LM/Reflector
vehicle. The existing Apollo LMReaction Control System (RCS) will be used prior

to Reflector deployment and for Orbit Maintenance (Stationkeeping) after Reflector

deployment. The firing commands(maneuversignals) to the monopropellant low-thrust

engine system will originate in the LMGuidance Computer. An initial approach could

be to mount these engines in a manner geometrically similar to the LMRCScluster

configuration. In order to define the final configuration and the resulting LGC

engine select logic, further studies concerning structural limitations, and cluster

locations will be required.

6.3-4
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It has been initially proposed in the Project ABLE feasibility studies to employ

the primary pre-amplifiers and jet drivers in the Attitude and Translation

Control Assembly (ATCA) for control of both the RCS and Monopropellant low-thrust

engines. The PCA could provide the switching functions to enable transfer from

one system to another. The feasibility and applicability of this entire approach

will have to be evaluated during the preliminary vehicle definition studies.

Alternate methods and approaches will also be studied. The obvious advantage of

employing the same Jet Drivers to control the Monopropellant engines, as well as

the RCS jets, is the possible reduction in hardware modifications to the Apollo

LM System.

A possible major problem area may result in terms of transmitting the mono-

propellant engine firing commands from the LM vehicle to the engines on the

periphery of the reflector. The separation distance between the LM vehicle and

the monopropellant engine clusters will be between 500 and 1500 feet depending

on the radius of the selected reflector.

In addition, the question of signal characteristics and conditioning to fire the

monopropellant engines will have to be considered.

6.3.2.4 Interface With EPS Solar Array and S-Band Antenna

A requirement may exist on Project ABLE for the GN&C Subsystem to supply sun

reference line information to the Electrical Power Subsystem (EPS) two-degree

of freedom solar panel arrays. Information generated for pointing commands can

be used to define the relation between the LM/reflector vehicle and the sun

line of sight vector.

Assuming that the solar array has at least one axis in common with the LM/Reflector

vehicle coordinate frame_ then the state vector information will be the digital

representation of the two remaining coordinates. This digital data transfer will

require a hardline interface between the LM Guidance Computer (LGC) and the two

degree of freedom solar panel assembly. To minimize the number of lines a serial,

rather than parallel_ transfer of data is suggested. The two-degree of freedom

solar panel assembly will include the required interface circuitry for accepting

the LGC digital outputs.

6.3-5



An additional requirement exists on Project ABLEfor the GN&CSubsystemto

perform the necessary computations and then based on these computations to
provide the required switching signals so as to insure continuous S-Band

Antenna coverage. TheLGCwill perform the computations and then generate via

the PCAthe required switching signals to the S-BandAntenna Assembly.

6.3.2.5 Ability to ChangeLGCSoftware

The present LMprocedure requires a minimumof 3 months to be allowed for

the vendor to wire the LGCfixed memoryin accordance with mission requirements.

To provide for a checkout of the completed memory at GAEC prior to shipment to

KSC, the release date for the final wiring configuration should be approximately

eight months before the launch date.

In addition, the final draft of the mission program should be available approximately

fourteen months before the launch date. This will allow six months for program

checkout and modification at GAEC test facilities.

Based on the present LM Program complement for an unmanned earth orbital mission,

the Basic Program requirements are approximately 13,500 words of fixed memory.

With an estimated 8,000 words required for mission programming, there is still

approximately 15,OO0 words of fixed memory available for ABLE functions.

6.3.2.6 Limitations of Modified LM PGNCS

In the above discussion of the modified LM PGNCS incorporating a LOTS, it has

been assumed that during the manned initial operation phase of the Project ABLE

Mission IMU inertial alignment has been achieved with the aid of the LOTS. During

the unmanned phase, the IMU inertial alignment will be automatically updated by

employing the LOTS. However, in the event of loss of IMU inertial alignment

(e.g., due to power interrupt) for long periods of time, the above discussed

system could not automatically re-establish an inertial reference. This is an

obvious limitation of the modified LM PGNCS. It should be noted, however, that

further studies may provide a method for re-establishing an inertial reference.

An additional problem with this modified LM PGNCS configuration results from the

elimination of the Rate Gyro Assembly (RGA). A minor and secondary function of the

RGA is to provide weight information to the Controls and Displays Subsystem for a

6.3-6

I

I
!

I
I

I
I

i
I
i

I
I
I

I

i
i
I

!
I



I

i

I

I

I

I

I

I

I

I

I

I

I
I

I
I

I
I
I

rate display. As a result, with the elimination of the RGA from the Project ABLE

GN&C Subsystem, the required rate information to the Controls and Displays

Subsystem will now have to originate from the LGC. This will require _ew LGC

interface requirements and Controls and Displays Signal conditioni_ig. (bigital to

Analog Conversion).

6.3°3 GN&C Subsystem Configuration #2

The first alternate GN&C Subsystem configuration investigated is shown in

Fig 6.3-2. The only difference between this configuration and the modified

LM PGNCS is replacement of the IMU/PTA with an additional LOTS and Sun Sensor

System.

The Sun Sensor System is included in order to provide the capability for fine

aligning the LM/reflector roll axis to the sun vector reference line. This

initial sun line acquisition is the first phase in the establishment and/or

re-establishment of an inertially referenced attitude (during unmanned phase

of Project ABLE Mission). Once sun line acquisition has occurred, the LGC, in

association with the two LOTS, will initiate a star search acquisition, and

verification mode in order to establish an inertial reference alignment. Further

detailed studies regarding star tracker (LOTS) operational capability, system and

mode definition, star map and field analyses, and LGC software modifications will

be required before final feasibility and design can be established.

The additional LOTS will be interfaced with the LGC, CDU, and PSA in exactly

the same manner as described in the discussion of GN&C Subsystem Configuration _I.

Remote control capability and firing commands to the monopropellant low thrust

engine system are also the same as described for configuration #i (PPC).

The implementation of a sun sensor system to this configuration will require

additional interfaces. The OA0 Sun Sensor System was employed as a model type

system in this preliminary feasibility study for Project Able. The present OAO

Sun Sensor System employing coarse and fine Solar Sensors is capable of aligning the

vehicle optical axis to within ±0.25 ° of the sun line. It is therefore assumed that

the LM/Reflector vehicle can be aligned to within approximately the same accuracy

for sun acquisition.
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OAOSun Sensor output signals are proportional D.C. signals. The present LMCDU
channels require an 800 cps signal for analog to digital conversion for the LGC.

Therefore, additional D.C. to 800 cps conversion equipment is required. These

D.C. signals are spacecraft yaw and pitch attitude error signals relative to the

sun line. Therefore_ two CDUA/D converters would be required for interfacing the
pitch and yaw error signals to the LGC.

For this configuration a total of six CDUA/D converters may be required if all
sensor channels (2 LOTS+ SunSensor) are being utilized simultaneously. Since

the present Apollo LMCDUconfiguration consists of only 5 CDUA/D converters, a
modification to the present system maybe required.

Sun Sensor mountings and location will be determined after the vehicle structural
configuration selection has been made.

6.3.4 GN&CSubsystemConfiguration #3

A target (Earth tracking) sensor type system employing R.F. Tracking Sensors

maybe considered as a possible feasible alternate scheme. In this approach,

the R.F. Sensors will provide two axis tracking angles - aximuth and elevation
to the LGCin order to provide data for the computation of the Earth target vector.
The tracking angle signals will be obtained by tracking ground (Earth) based
beacons. A digital signal interface must be provided (possibly via coupling data

unit) between the R.F. Tracker Sensor Signals and the LGC. In addition to the

inclusion of a coarse and fine sun sensor package for initial sun acquisition, a

gimballed SunSensor or star tracker (LOTS)may be required as part of the GN&C

configuration in order to establish an additional inertial (stellar) vector.

6.3.5 References

Reference 6.3-1 - LM 0ptical Tracker System

Student Study Guide

Subsystem Course i00

Hughes Aircraft Company, Culver City, California

Reference 6.3-2 - Study Guide - LM PGNCS Course, PGNCS Hardware

AC Electronics Division, General Motors Corporation
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6.4 REACTION CONTROL

6.4.1 ABLE LM ROS

During deployment and checkout of the reflector, attitude and translational control

will be required by the ABLE LMRCS. The basic sixteen thruster LM RCS will be

retained except that ascent propellant interconnect valves and filters will not be

included, as ascent propulsion is not required for the ABLE LM mission. After

completion of the deployment and checkout phase, the RCS would remain activated

to support any stationkeeping requirements during the 6 month operational phase.

Further definition of mission requirements could show the need for additional

propellant in the RCS. Earlier design studies have indicated the LM thrusters

could burn about twice the present LM propellant without exceeding qualification life.

Additional propellant and pressurant modules could be added in the temperature

controlled volume vacated by the ascent propellant tanks or possibly in the aft

equipment bay. A previous design study (Ref. 6.4-1) showed that as many as four

sets of LM tanks can be accommodated in this space.

6.4.2 Peripheral Thruster Module

Attitude control of the reflector would be achieved by means of small reaction

control jets located at the periphery of the reflector. Consideration was given

to using the LM RCS for attitude control of the reflector, but propellant requirements

would be on the order of i00 times greater than for thrusters on the periphery and

the number of pulses required would far exceed the estimated LM endurance life of

i0,000 cycles.

For the peripheral thruster system, with total impulse requirements between i00,000

Ib-sec and 500_000 ib-sec, the choice of system is between monopropellant and

bipropellant (ref. section 5.3). Since the system weight difference is not large,

the simplicity, materials compatibility and reliability of the hydrazine mono-

propellant system indicate it to be the most likely final selection. On the other

hand, if additional mission analysis were to indicate that small reflectors were

desirable, with total impulse requirements below i00,000 ib-sec, subliming rockets

may be considered.

A preliminary design of a typical monopropellant hydrazine module is shown in

Fig. 6.4-1. This module can supply approximately 27,500 ib-sec impulse and utilizes

6.4-1



6.4.2 (continued)

the LMRCSoxidizer tank, with teflon bladder, for storing N2 H4. LMRCS
pressurization e0ml_onentsare also showna_though somechange maybe required in

the regulator and relief valve pressure settings. A great deal of development
work has been done on pulsed thrusters using Shell 405 catalyst from .02 to 5 Ib

thrust which is the thrust range of interest. Onevendor reports tests on a

0.05 ib thrust engine of i00,000 cycles and 50_000 sec burn time with very little

degradation (Ref. 6.4-2). It is believed that the required life and duty cycle

for the Project ABLEapplication can be achieved with normal development.

Further study will be required to define the reliability requirements for the

peripheral thruster system, but redundant thrusters could be added with a small

weight penalty. The total weight of the monopropellant module is approximately

175 ibs, including 138 ibs. of N2 H4. Four modules are required for the four
spoke reflector design.

Each module would be individually insulated and supplied with electrical heaters
to maintain the propellant at 40°F to IOODF.

6.4.3 References

6.4-1

6.4-2

"Phase II Laboratory Design Analysis Summary" (U) Vol. IV, AES-LEM

Phase B Final Report, dated 8 December 1965 (Confidential)

"Microthrust Monopropellant Rocket Motor Cyclic and Low Temperature

Test Data Engineering Study," Rocket Research Corp., Report No. 65-R-46,

dated 8 October 1965
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6.5 COMMUNICATIONS

6.5.1 Functional Requirements

The general functional requirements of the ABLE LM Communications subsystem

are:

° Provide intercommunications between the Able LM and the CSM,

Earth, and EVA

o Provide intercommunications for two ABLE LM crewmen

° Provide for processing and transmission of ABLE LM opera-

tional status, voice and biomed data to earth

° Provide an aid to tracking and ranging by earth

° Provide a command uplink capability to implement remote

system activation and ground controlled operation.

6.5.2 Study Guidelines

The following guidelines were established for this study:

° ABLE LM Communication Link will be with NASA MSFN or DSIF

stations only (i.e. LM frequencies)

° Only one EVA will communicate with the ABLE LM at one time

(i.e. two or more EVA's cannot be supported simultaneously)

o Command Control of the ABLE LM systems will be by earth ground

stations.

6.5.3 Ground Station Parameters

Ground station parameters affecting line-of-sight (LOS) and circuit margines in-

volve the following:

o Station coverage as a function of orbital parameters

° Station equipment capability

° Station location and relation to ABLE mission target area°



6.5.3 cont'd

Of the fourteen MSFNstations utilizing the unified S-bandconcept only three

posses 85 foot diameter antennas (Madrid, Canberra, Goldstone). The remain-

ing stations have antennas of 30 foot diameter. Ten of the above fourteen
stations also possess the UHFuplink - VHFdownlink capability (KSC, Grand

BahamaIsland, Ascension Island, Guam,Antigua, Bermuda, Canary Island,

Carnarvon, Hawaii, and Texas). Oneof the fourteen possesses only the VH_

downlinke capability (Guaymas). An additional station possessing only the

UHF/VHFcapability (i.e. no S-Band) is Grand Turk Island.

The "prime-concern" target zone limited the study to an inclination range of
O° to 28.5 ° . Within this inclination range, the following is observed:

° For altitudes between 6000 and i0,000 n.mi. almost i00_0

continuous coverage can be provided by the entire MSFN

network (includes overlapping of individual ground station

coverage)

° For altitudes greater than i0,000 n.mi., the three MSFN
stations with 85 ft diameter antennas can provide communi-

cation coverage approaching i00_.

6.5.4 LM/Reflector Configuration and Mission Attitude

The ABLE 1/'4antenna system is the most sensitive section of the communication

equipment relative to the overall vehicle/reflector configuration. The ABLE

LM antenna gain is a critical item in maintaining adequate downlink circuit

margins. An ideal antenna system performance would be omni directional about

the center of the reflector plane, thereby removing any constraints on the

IM/Reflector attitude during the mission.

Due to the inherent requirement for large diameter reflectors the antennas will

be working effectively with an infinite ground plane at S-band. Antenna loca-

tions will have to be constrained within the near vicinity of the LM vehicle

because of the high cable losses encountered when an ideal antenna location on

the reflector periphery is considered (i.e. 90-100 db cable loss for a 1500

foot diameter reflector using LM space qualified coaxial cable characteristics,

cable weight would be approximately 225 ibs for four antennas). In order

6.5-2

I
I

I
I

I
I

I

I
I
I

I
I

I
I

I
I
I

I
I



I

I

I

I

I
I
I

I
I
I

I
I

I
I

I
I
I

6.5.4 cont'd

to minimize antenna radiation pattern distortion resulting from diffraction

and scattering by the LM non-uniform conducting boundaries and the reflector

ground plane, circular polarization is desireable.

Antenna location and implementation techniques are dependent on the symmetry

characteristics of the LM/Reflector system relative to the Reflector axis.

This is illustrated in Fig. 6.5-1 along with the approximate deployment extent

required, which is a function of Reflector attitude variations during the

mission operation.

The following nomenclature was used in Fig. 6.5-1:

Angle _ : The distorted antenna radiation area due to the

diffraction and back scattering of prcpagated

energy. A nominal area of 20 ° from the reflector

surface is used.

Angle_ : The undistorted antenna radiation area free of de-

trimental cancellations due to diffractions and back

scattering. A nominal area of 70 ° included between

the unit normal to the reflector surface (_) and

the bounds of angle

Low Angle Trans- Vehicle LOS to Earth through the bounds of angle_

mission/Reception:

It should be noted that angles_ and_ are to be taken as solid angle projections

about the unit normal (_}_) except in Fig. 6.5-1 (a) where angle_ exists only

along the reflector/vehicle common axis.

Figure 6.5-1 (a) (Radial and axial asymmetry) indicates that fixed vehicle mounted

antennas on the LM -+X axis can be used. Deployment is not required since it is

assumed that the reflector is attached on either the +Y or -Y LM axis and there-

fore antenna pattern distortion (i.e from diffraction and scattering) would be

primarily along this reflector axis leaving the antenna radiation on the other

axis free of deep null areas. For this configuration and those of Fig. 6.5-i(b)

and (c), the uplink/downlink antennas are automatically switched since the R.F.

cable loss and 3db inherent coupling loss would only serve to further reduce

6.5-3



6.5.4 cont'd

communication circuit margins. It is evident from the figure that this

configuration would have the least attitude restraints with respect to
communication up and downlinks. For instance, communications to/from

the ABLELM is possible when the reflector/vehicle configuration has the

LOSto Earth parallel to the reflector surfaces and the vehicle is be-
tween the reflector and Earth).

Figure 6.5-i(b) (Radial symmetry, axial assymmetry) indicates that one

vehicle mounted antenna fixed on the LM+X axis and one antenna deployed

on the -X axis is required to maintain the uplink/downlink capability when

either side of the reflector is facing the Earth.

General antenna deployment must be accomplished from the descent stage

through the center of the inner torus to a length such that this antenna

can provide radiation distribution approaching that of the fixed vehicle

antenna; i.e. equal to or greater than ±70° about the unit normal to the

reflector surface,_2B . A deployment length of 40 ft appears to be ade-

quate for this accomplishment. This configuration increases the restraint
on the "Vehicle attitude vs Communications timeline" as is evident from the

figure (i.e. low angle transmission/reception is through the distorted

radiation region). The configuration precludes a communications link when

the LOSto Earth is parallel to the reflector surface.

Figure 6.5-i(c) (Radial and Axial Symmetry) indicates that antennas deployed

on both ±X axis of the ABLELMvehicle are required. Deployment lengths of

from 5' to i0' appear to be adequate to duplicate the radiation characteristics

of the configuration of Fig. 6.5-i(b). Vehicle attitude constraints would

also be similar in that the expected distortion in the pattern would limit

the uplink/downlink capability to time periods within a reflector variation
of ±70° (through_o_ 28) about the unit normal to the reflector surface.

This angular coverage (in the undistorted region,_ ) appears to be ade-
quate toprovide the communications capability throughout a full nightime

operation.

6.5-4
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6.5.5 Additional Discrete Mission Requirements

There are particular additional subsystem functional requirements associated

with manned and unmanned launches. These requirements were considered to

assure that at least one of the basic subsystem configurations derived and

discussed later would provide the needed capabilities.

6.5.5.1 Single Launch - Unmanned ABLE LM

The unmanned single launch mission requires ground command control, operational

status data monitoring, and tracking and ranging during launch, orbital inser-

tion_ vehicle removal from the SIVB stage and SLA (Saturn LMAdapater) and ini-

tiation of reflector deployment. These functional capabilities can essentially

be provided with the Apollo LM i subsystem equipment described in Section

6.5.6.2. Altitude restrictions are discussed in Section 6.5.4 and 6.5.6.3.

6.5.5.2 Split Launch - Unmanned LM and Manned CSM

The unmanned LM launch requirements are as indicated in the previous section.

The time interval between vehicle launches may cause an orbital storage period

for the ABLE LM at a low altitude. This may require a more intricate operational

time line for status data monitoring with the possible necessity for additional

interfaces and associated relays for checkout (systems activation/deactivation).

6.5.6 LM Hardware Applicability

6.5.6. I Ant ennas

The Apollo Lunar Landing LM has the following antennas:

° VHF "in-flight" Antennas - These are multifiliar helical antennas

on a simulated ground plane (4 conducting arms at base). The an-

tennas are right hand circularly polarized and have a spec require-

ment for an antenna gain (two anntennas) greater than -6db. There

are two antennas, only one being used at a time (the operational

antenna being selected by the astronaut. Spherical coverage and

the associated gain requirement is defined when the radiation pat-

terns of each antenna are superimposed over the sphere (i.e. defined

about the LM). These Antennas are used with the LM VHF voice/Bio-med

subsystem for CSM/LM, and LM/EVA links.

6.5-5



6.5.6.1 cont'd

VHF "manually erected" EVAantenna - this single antenna is used

on the lunar surface for the LM/EVAvoice/bio-med link. It is

a discone type antenna, predominantly linearly polarized in the

vertical plane. The radiation pattern provides coverage with a

minimumgain of -3db within a ±15 degree elevation angle of the

LMY-Z plane.

S-Band "in-flight" antennas - These two antennas are used as a

back up antenna system to the S-Band steerable high gain antenna.

One antenna is used at a time, the astronaut selecting the an-

tenna for operation. They are log conical spirals, each theo-

retically providing hemispherical coverage with right hand cir-

cular polarization. Gain is -3db, over no less that 85_ of the

radiation spere about the LM, (i.e. superimposed patterns as

with the VHFin flights). Figure 6.5-2 and 6.5-3 illustrate the

antenna and free space patterns at the transmitting and receiving

S-band frequencies. It is noted that these patterns are similar
to those required and discussed in Section 6.5.4.

S-band steerable high gain antenna - this is a 20 inch diameter

dish antenna gimbal mounted to the I_. Antenna gain is nominally

20 db with right hand circular polarization. Utilization of this

antenna on the ABLELM is dependent on altitude and subsystem

transmitting losses for the downlink.

The following antennas are those used on the LM-I R&Dsubsystem configurations:

° UHF/VHFScimitars The UHF/VHFscimitar antenna is designed to

operate at 450 mc (UHFuplink) and over the frequency range of

230-260 mc (VHFoperational status data telemetry at 237.8 mc_

51.2 kb/s). There are two sets of coupled antennas on the LM i.

Two coupled antennas are located diametrically opposite on the SLA
outer surface (VHF downlink telemetry prior to LM separation from

SLAfor unmannedsingle ABLELMlaunch). Two coupled antennas are

also located in the samemanner on the LM i vehicle. The gain of

6.5-6
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6.5.6.1 cont'd

either coupled antenna assembly on the spacecraft is designed

to be greater than -9db over 85_ of the radiation sphere. This

gain includes the 3 db power split which occurs with the asso-

ciated power divider.

C-Band Transponder Antennas - these are cavity backed helix types

used to support the C-Band transponder tracking/ranging system

aboard the LM i. For each antenna polarization is right hand cir-

cular and gain is 8 db boresight.

6.5.6.2 Communications Subsystem

The LM subsystem can be divided into the following fundamental divisions:

° VHF_ Voice/Bio-med

° Unified S-Band_ Voice/Bio-med/Telemetry/Ranging

° UHF Command Uplink/VHF Telemetry Downlink (LM i)

The VHF section is used primarily for the LM/EVA and LM/CSM communication links.

The operational modes are Duplex voice with the CSM or EVA_ and receive voice/

bio-med from EVA. There is an additional capability of transmitting 1600 b/s

(i.e. split phase modulation of the PCM 51.2 kb/s operation status data) to the

CSM. However, the VHF section cannot receive CM data.

The VHF section contains two transmitters and receivers. The designated VHF "B"

transmitter (259.7 mc) is the only one capable of transmitting PCM data_ and

only voice or data can be transmitted at one time (not simultaneously). The

VHF "B" receiver (259.7 mc) is the only one capable of receiving EVA voice/bio-

The LM/EVA operational modes can bemed. These are received simultaneously.

summarized as following:

Primary mode

- VHF B = 259.7 mc Duplex_ EVA voice/bio-med to LM

- VH_ A = 296.8 mc Duplex_ Voice only, LM to EVA

Back Up Mode

- VHF A = 296.8 mc Duplex voice only_ EVA to LM

- VHF B = 259.7 mc Duplex voice only_ LM to EVA

65-7



6.5.6.2 cont'd

The LM/CSMVHFlink is via the antenna system. During an EVAonly one LM astro-
naut can be accommodatedwith a voice link since one of the two audio control
centers is used for the EVAcommunications to the LM. EVAvoice/bio-med and/or

the LM occupant's can be transmitted to Earth from the LM over the S-band link.

The S-Band section is a replica of the unified S-band concept (i.e. voice, TV,

telemetry multiplexed on a commonS-band carrier). An uplink capability exists

for voice communications and PRNranging.

Someof the available operation modesare illustrated in Fig. 6.5-4. Transmission

of both the FM and PMmodesis precluded. There are two power amplifiers at the

output stage before the antennas. Only one of these amplifiers is used a time.

The PMmodehas been selected as the primary operational mode for an ABLELM

mission. Actually as yet there is no requirement to use the FM modewhich would
cause a time sharing type operation between modesduring a mission (i.e. a func-

tion of ranging requirements).

Apollo equipment most readily available and applicable for the required ABLELM

data uplink and commandfunction is that additional UHFsection used on the LM
i, 2 and 3 R&Dflights. The uplink is UHF(450 mc) and possesses the capability

to receive, process, and route commandmessagesto the LMGuidance Computer (LGC)_

LMProgram ReaderAssembly (PRA), and effecting real time commandsvia the re-

lays within the Program Coupler Ass'y (PCA). The following are brief descrip-

tions of the R&Duplink associated equipment for use on the ABLELMmission:

o C-Bandtransponder system to provide ranging/tracking independent

of the communications system

° Digital CommandAssembly - this unit houses the UHFreceiver and

DecoderAssembly. The DCAcan accommodate128 commandsor control

64 relays.

o VHFtelemetry transmitter - this is used for the downlink and has a

data handling capability of 51.2 Kb/s (similar to the S-Band PCM

bit rate)

o RF Switch - This allows selection of the SLA or IM UHF/VHFscimitar

antennas.
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6.5.6.3 LM Communications Circuit Margins

Apollo LM data has been extrapolated (Ref 6.5-1,-2 and -3 for the more

critical ABLE LM communication links and is presented in Figures 6.5-5

through 6.5-7 as circuit margins vs LOS slant range. It is simple to

account for variations in design parameters such as transmitter power out-

put_ antenna gain_ cable loss, etc. This is done by shifting the vertical

0 db circuit margin line as required. This data includes the required sys-

tem S/N ratio and is for the LM vehicle communications system. Additional

cable losses and decrease in antenna gain were not considered. For an ABLE

LM configuration that maintained present LM Antenna gains and no additional

cable loss, the following is observed:

° Fig. 6.5-5 - The VHF telemetry downlink circuit margin reaches

0 db at approximately 1500 n.mi.

° Fig. 6.5-6 - The UHF uplink circuit margin on the carrier

frequency reaches O db at 217000 n.mi.

° Fig. 6.5-7 - For the S-Band downlink full PM mode the limit

is the voice signal reaching 0 db at approximately 24,000

n.mi. Since this slant range and that indicated in the figure

for the uplink limit is greater than the highest considered

ABLE LM mission altitude (synchronous circular), an S-Band up-

link/downlink appears to be the most favorable type of con-

figuration.

6.5.7 Basic Configurations

Two basic configurations have been derived within the subsystem functional require-

ments and LM equipment capabilities discussed in the previous sections. These

are the following:

° S-band uplink/downlink

° UHF uplink, VHF/S-band downlink

The predominance of one configuration over another due to circuit margins vs al-

titude is difficult to assess at the present time because of the potential varia-

tions in antenna gain and cable losses for an ABLE LM configuration.

6.5-9



6.5.7 cont'd

Figure 6.5-8 illustrates the S-band uplink/downlink configuration. This is

compatible for altitudes up to a synchronous circular orbit and the manned-
unmannedmission phases of a single launch (CSMand LM).

This configuration is discussed further in Section 8.0 since it was chosen for

the Program Planning Configuration (PPC).

Figure 6.5-9 illustrates the UHFuplink, VHF/S-banddownlink configuration.

It is compatible for altitudes up to synchronous, the unmannedsingle launch

(LM only), and the split launch missions.

Fundamentally the LM i UHFcommanduplink is retained along with the VHFdownlink

(for low altitude mission phases). If necessary, backup operational modeswould
utilize the S-band downlink. If desired the C-band transponder system provides

a ranging/tracking aid independent of the S-band system. In actuality, the
C-band system cannot be used until the LM is separated from the SLA. Ranging/

tracking is provided via the SIVB stage (6 to 8 hour capability after launch)

until the altitude of 1500 n.mi. is reached (VHFlimit, Section 6.5.6.3) at

which time the S-band modewould be required. If the LM is not withdrawn from

the SLAprior to achieving the 1500 n.mi. altitude then an S-band antenna would

probably have to be mounted on the SLA.

6.5.8 Alternative Approaches Considered

A brief evaluation was made of the following alternative approaches:

° L-band/S-band system

° Utilization of the AAP derived Shelter uplink system and

the B_ high gain S-band steerable antenna.

This L-band/S-band system concept was introduced to examine the feasibility and

technical aspects of utilizing more than one ground station network for the ABLE

LM control. The investigation was confined to the ABLE LM communications receiving

section requirements only.
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6.5.8 cont'd

The following are the alternatives identified to enable reception of L and S-

band signals:

° Two front ends to a common i.f., detector, and transmitter

(config.I)

° Use of a converter for the L-band signal and a S-band transponder(Config Ii)

° Separate transponders for L and S-band (Configuration III)

Table 6.5-1 itemizes _hese approaches along with the related advantages/disad-

vantages of each, and the number of pieces of new of modified equipment.

The Shelter uplink/downlink system concept was considered in the event the

following ABLE LM requirements should occur:

° high gain S-band antenna

° contingency mode capability

° automatic fail safe switching between two command receivers

° more complex command control functions

Figure 6.5-10 illustrates this configuration. The subsystem consists mainly of

Apollo hardware with only a few modifications and additional new equipment.

The configuration was derived around the LM I R&D command control system in order

to maintain as much as possible existing LM i system/subsystem interfaces. Flex-

ibility of the configuration lies in the two basic distinct routes for commands

as follows:

° S-band omni antennas---_command receiver-_PCA

° S-band steerable antenna _ S-band transceiver_DCA_PCA

The former routing is primarily intended for initial activation of equipment.

In addition to providing for the main "on/off" functional requirement the command

receivers have a limited capability of implementing switching and back up opera-

tional modes for contingencies. The latter routing utilizing the S-band trans-

ceiver makes control commands available for performance of discrete functions

after the required initial equipment has been activated.

6.5-12

I

I

I
I

I
I

I
I
I

I

I
I
I

I
I

I
I

I
I



lib

i i

I

i
I

I
I
I
I

I

I
i
I

I
I

i
I

6.5.8 cont'd

The configuration is applicable as a basic ABLE LM communication subsystem

configuration should the requirements mentioned previously become necessary.

An actual ABLE LM mission implementation would require some modifications to the

configuration. A more detailed discussion of this configuration appears in Ref.

6.5-4.

6.5.9 Program Planning Configuration (PPC)

During the feasibility study the S-band uplink/downlink basic subsystem configuration

was chosen for the PPC. The following guidelines were used in association with

the mission definition (i.e., ii,000 n.mi. altitude-circular orbit):

o There will be no downlink required during launch

° Uplink control will not be required until after the manned

phase

° No local R.F. remote control devices are required (ie._ CSM-ABLE,

ABLE-Reflector, etc).

o The PM (Phase modulation) mode of information transmission will be

used exclusively (i.e., no TV or wideband data via the FM mode).

o There are no "Orbital Storage" requirements (i.e., single launch)

prior to manned deployment.

o When the ABLE vehicle is manned, the CSM will be in the near vicinity

of the ascent stage for direct CM/LM-ABLE Communications.

° If ground control of the ABLE configuration is desirable during the

early stages of reflector deployment (i.e., for command to blow squibs

for deployment mechanisms or other vehicle commands), the ABLE LM +X

axis must be approximately normal to the earth's surface.

° Low grazing angle data transmission/command reception will not be

required (i.e., ABLE will not transmit/receive when the LOS to

earth is parallel to the reflector surface or directed greater than

±70 ° away from the unit normal to the reflector surface).

o Reflector edge mounted antenna cannot be used due to high cable

losses and additional cable weight.

6.5-13



6.5.9 cont'd

The following are listed according to mission phase:

° ABLE launch and Orbital achievement

- ABLE Communications equipment inactive

° CSM Rendezvous, Docking, and LM SIVB separation

- ABLE Communications equipment inactive

° ABLE Checkout and Reflector Deployment

- The ABLE checkout will follow a procedure similar to LM.

No unique or new requirements are placed on the Communi-

cations Subsystem.

- The deployment phase will utilize normal LM links (voice,

biomed, and spacecraft data).

- There is no data interface (other than voice) between the

CM and ABLE.

- Intercommunications between vehicles (CM and ABLE) will be

via the LM VHF technique.

- Only one EVA will be supported by ABLE. The general LM

technique (EVA voice and biomed relay to earth) will be used.

Communications to the Command Module is constrained by EVA

(i.e. CM will not use VHF equipment to communicate with ABLE

during an EVA) to using the S-band CM-Earth-LM link.

- PRN ranging (only R.F. form of ranging and tracking on ABLE) is

supplied by the CSM during this phase.

° Initial Use and Calibration

- The ABLE Communications Subsystem (see Fig. 6.5-8) will be

fully checked out. The modes will be PM with spacecraft data

to ground, PRN ranging to/from earth, and digital command data

from earth.

- No special interfaces (other than those mentioned above) will

be required for ABLE calibration (i.e. TV, recorded PCM data,

voice, biomed, etc., are not required).

- The ABLE/Reflector vehicle is u_ma_med and separated from the

Command Module.
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Continued Operation

- The communications equipment will be cycled for the 6 month

mission. This will provide updata and ranging capabilities.

- Spacecraft data transmission will be once a day.

Resupply

- The Communications equipment is not designed to be removed_

replaced, or repaired on a resupply operation.

- No R.F. equipment is added to aid in this portion of the ABLE

mission. The previously described equipment and operational

modes are available.

ABLE Antenna Configuration

Two antenna systems are provided on the ABLE configuration

- S-band antenna system to implement the Uplink Command Control/

Downlink Status Data functions

-VH_ antenna system to implement the voice to CSM/EVA function

S-Band Antenna System

The proposed S-Band Antenna System is composed of the following

hardware items:

- One (i) Apollo LM, S-band Conical Log Spiral located aft of the

ABLE LM/CSM docking hatch (Fixed Antenna)

- One (i) Apollo_ LM, S-band Conical Log Spiral located approximately

40 ft below the ABLE LM descent stage. This antenna is deployed

via Uplink Command after the "Reflector Deployment and Inflation"

mission phase.

- One (i) Coaxial switch capable of automatically switching to the

communication s/s switch of the Spiral antennas (Fixed or deployed).

The switching command is supplied by the LGC through the PCA.

VHF Antenna System

The proposed VHF Antenna System consists of the following hardware items:

- Two (2) Apollo LM VHF multifilar antennas in Apollo locations

- One (i) Apollo LM VHF EVA antenna relocated on the ABLE LM

descent stage. The Antenna is deployed during the manned mission

phase if an EVA is required below the descent stage

- One (i) manual Apollo LM VHF antenna switch. Switching will be

provided manually by the astronaut.
5-15



6.5.9 cont'd

ABLE Communications Subsystem Capability

The Communications system provides support during the manned

and then the unmanned portion of the mission.

During the manned portion of the mission the communications subsystem provides

the voice links between the ABLE occupant(s) and EVA, the CM, and Earth. Bio-

med data of one occupant and/or an EVA can be transmitted to earth. Spacecraft

data (PCM at 51.2 Kb/s) is also sent to earth. PRN ranging capability exists,

but is not used during the manned phase as the CSM provides this function.

In general, the subsystem operates as on LM.

During the unmanned portion of the mission_ the Communications System is the

ground control link. Updating information and commands are received, decoded

and routed to the various vehicle equipments. In addition, PRN ranging data

is obtained to aid in orbital parameter_ and spacecraft data is sent to ground.

The following equipment is added to the basic LM Communications subsystem to

obtain the ABLE configuration:

° Command Receiver - The Command Receiver will interface the DCA

(LM i Modified) to turn on power and provide the uplink data

chaiu. In additio_ ot_er (as jet u_ide_tified) on-off functions

maj ,e required of the Command Receiver.

° Modified Digital Command Assembly - The DCA is modified to accept

the Command receiver data chain output. The function of the DCA

remains the same as on LM i, and the output interfaces remain

unmodified (PCA and LGC).

The updata link is designed to operate independently from the LM type equipment.

For example, an uplink message can be received_ decoded_ and executed without

the downlink being turned on. For verification of commands_ the downlink must

first be commanded on.

The PPC configuration is selected because of the independence of the two phases

(manned or unmanned). The unmanned portion of the system (the uplink) could oper-

ate in a degraded mode if the manned system (LM equipment) should fail. The

lack of ranging information and spacecraft data would definitely constrain opera-
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6.5.9 cont'd

tion, however, the uplink and ABLE vehicle might still be operable (pointing

could possibly be achieved via a trial and error technique).

6.5.10 Preliminary Conclusions

A final configuration for a particular ABLE LM mission would be composed almost

entirely of LM developed hardware. Further study is required on the following:

° Reflector/LM configuration and mission attitude variations

° Extent of required antenna deployment and associated cable

losses

° Realistic and practical (achievable) antenna gain is found to be

necessarily lower than those of the LM

In particular the overall ABLE LM requirements can be satisfied using the LM

communication subsystem. Anyfinal configuration and associated modifications

will be a function of the more specific mission requirements.

6.5.11 References

6.5-i LM ICD No. LIS-380_15006 (S-Band)

6.5-2 LM ICD No. LIS-380-15002 (LM-I VHF)

6.5-3 LM ICD No. LIS-380-15004 (LM_I UHF)

6.5-4 AAP Addendum II Final Report, Grumman Report No. 378C-5,

Vol I, dated 29 July 1966.

6.5-17
,k,_





I

I

I

I

I

koc_

"7"

I
I

I

I

I
I

6.5-Z9



/
/

/ !
, /

/
./

\
\

\

I

I

I

I



il

ii!i_I!

I

I
I
I

I
I
I

I
I

I
I
I

I
l

I

FM

4

..<'E c T/_ /_ PC S

PM

TV

I
I

PcM j14/_ oR t.ow

P/V

Pcr_
I-oua BIT"

PM

i EVA Ln
Ft,'//J E,"fW o.c, ,._P_,_/"

voice _ _/ BIo-_o

i lllllllF
I o

I?,_'xc

L

^ PCM

P_

PPI

VOICE.

I
_KC

L o oJ 8 ) r R _ "[E = I , (_

PcM
LoUa B_T" P,,RTI_

6.5-2_

i
EME_C E _IcV

tCEy

A
512 gc

F_Otm_ 6.5-4



1

g

I

I

I
I
I

I

I
I
I

I
I

I
I

I
I

I
I
I

I



|



2

I
I

I
I

• IL!

I

I
I

I
I

I
I
I

I

I
I
I

I
I



I
I
I

6.5-25

%

q

"--b

i

F.IGURE 6 _-5_I_



I
I

I
I

I
I

I
I

I
I

I
I
I

. I
I

I
I

I
I



;I

I

!

!

! /\

,I

!

!

!



I
I

I
I
I

I
I

I
I
I

I
I

I
l

I
I

6.6 INSTRUMENTATION

6.6.1 Guidelines and Background Data

The following list of guidelines and assumptions were used:

o All operational data will be presented to the ground during line-of-

sight mission phases only. (Real time)

o There will be no on-board recording capability for operational data.

o Vehicle Altitude data will be provided via existing interfaces with

Guidance system.

The primary function of the Operational Instrumentation Section is to acquire

and present spacecraft housekeeping data to the astronauts and ground monitor-

ing personnel (Fig. 6.6-1). In reviewing the measurement requirements of the

ABLE LM it was concluded that the existing LM equipment would be adequate.

6.6.2 Recommended Configuration

The recommended Operational Instrumentation Section for the Able LM is comprised

of existing LM assemblies having a certain built-in flexibility which allows

for some minor configuration changes. A measurements list prepared for the

standard LM vehicle was reviewed and analyzed to assure that the changes to

support the requirements of ABLE LM would still be adequately covered using the

existing LM system.

6.6.2.1 Transducers

The sensors convert the physical and electrical phenomena of interest into a

usable form for presentation to the astronauts or ground station personnel.

These measurements from the various subsystems provide the majority of the input

sources to the Operational Acquisition System.

New spacecraft subsystem measurement requirements demand additional transducers,

and consideration will be given to LM proven units. For any measurement unique

to ABLE which requires a transducer not previously used on LM, new transducers

will be selected having LM characteristics. Preference shall be given to

6.6-i



transducers which have been developed for other space missions and have a high

level output, therefore requiring no additional signal conditioning.

6.6.2.2 Signal Conditioning Electronic Assembly (SCEA)

The LM SCEAis a unit which conditions the signals from transducers and numerous

signal monitoring points throughout the spacecraft and properly routes them to

the Operational PCMTEA_Caution and Warning Electronics Assembly (C&WEA)or

on-board displays. The SCEAassemblies fulfills these basic functions:

o Acts as a junction and routing assembly for all analog measurements

and signals being monitored.

o Mechanically support the signal conditioning sub-assemblies which

condition the measurementinput signals.

The SCEAis comprised of two separate chassis assemblies. Each assembly can

accommodateup to twenty-two (22) separate sub-assembly modules. Oncethe

measurementsare determined for the ABLEmission, an analysis will be performed

on each measurementin order to assign a signal conditioning circuit to that

measurement. The total number of signal conditioning sub-assemblies for the

mission are than packaged into the two assemblies. A review of the LMlisting

indicates that the changing requirements for ABLEcan still be accommodated

within the existing SCEAusing adaptation techniques presently employed.

No modification to either the assembly or its sub-assemblies, as now used by

LMis anticipated. In the SCEA:

o Sub-assemblycircuits are bench calibrated and adjusted for each
measurement.

o Input signals are grouped in sub-assemblies by types of conditioning

required, not by subsystem, therefore_ the elimination of a vehicle

subsystemdoes not preclude the deletion of any modules.

6.6.2.3 Caution and Warning Electronic Assembly (C&WEA)

This assembly advises the astronauts of the spacecraft subsystem status by

continual monitoring of critical parameters. During the mission the C&WEAper-
forms two basic functions:
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o The caution function advises the astronaut of a malfunction which

requires his action to correct

o The warning function advises the astronaut of crew safety items

requiring immediate action.

The C&WEA accepts inputs from the SCEA or pre-conditioned signal sources from

the subsystems. These inputs are compared to preset reference signals within

the C&WEA to detect out-of-tolerance conditions. When an out-of-tolerance

condition exists, an appropriate indication is initiated. The C&WEA as now used

for the Lunar LM operates on discrete voltage changes or switch closures.

The deletion of some LM equipment from the ABLE LMmake monitoring channels

available for additional requirements.

6.6.2.4 Pulse Code Modulation and Timing Electronic Assembly (PCMTEA)

The PCMTEA in the recommended configuration consists of an unmodified Lunar LM

assembly. The data acquisition capability of this unit include the multiplexing,

encoding, and timing of high-level analog, parallel digital, and serial digital

data. The number of channels, sampling rates and word lengths for each of the

three data forms are presented in Table 6.6-1. The unit operates at a normal

data rate of 51,200 bits per second and a reduced data rate (commanded remotely)

of 1,600 bits per second. The PCMTEAwill operate as it does in the Lunar LM

including accepting a time reference from the LM Guidance Computer and providing

various timing signals to interfacing subsystems. The NRZ(C) data output is

routed to the Communications Subsystem for real time transmission. Operation

of the PCMTEA in the reduced data rate mode is not anticipated for the ABLE

mission, due to Guidance system downlink requirements.

6.6.2.5 Voice Storage Recorder

This magnetic tape recorder, originally referred to as the "Data Storage Elec-

tronics Assembly", provides a time correlated voice recording of comments and

conversation between the astronauts during EVA's. This assembly employs

automatic sequential record head switching with four tracks to provide up to a

total of I0 hrs. of recording time. The compact recorder is generally used

_th voice actuation circuits to run only for a required recording time. The
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recorder is used:

To support EVA's

To record comments of vehicle status when off station coverage

To record proprietary information

6.6.3 Changes to LM Vehicle

The deletion of some equipments, such as Ascent & Descent Propulsion Systems,

allows use of that telemetry for new measurement requirements.

Approximately 10% (5000 bits/sec) of the PCM would be made available due to

deletion of equipment from LM. This capability for new measurements is in

addition to the 20-25% excess capability which exist in the original vehicle

yielding 30% of the LM PCMTEA (15000 bits/sec) available for use by ABLE payload

measurements and/or new equipment requirements.

6.6.4 Alternates

Since Instrumentation's design is dictated by other subsystem's designs and

requirements, any alternate configuration will affect this subsystem. However,

due to the inherent flexibility designed into the SCEA, the excess capability

of the PCMTEA, and the nominal effort usually required in selecting and installing

transducers, this effect is probably minimal.
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Table 6.6-1

PCMTEA Input Data Capability

Data Format :

Data Form

Analog - High Level

Digital - Parallel

Digita_ Serial

TOTAL

51,200 bits/sec Output Rate

No.

Channels

5
17

6

35
137

1

37

1

1

248

Samples/sec

20O

I00

5o
l0

1

2OO

I00

5o
i0

i

5O

5o

bits/word

8
8
8
8
8

16
8
8
8
8

4O

24

words/sec

i000

1700

300

35O

137

400

3OO
200

i0

37

25O

150

4834

Note: Internally wired redundancy exists within this format.

* Normalized to 8 bit words.



I

I
I

I
I
l

I
I
I

I
i

I
I

I
I
I

7.1

7.0 ABLE LM DESIGN AND INTEGRATION

STRUCTURAL DESIGN

After a study of ABLE mission requirements, it appears that the ABLE LM,

regardless of reflector size or configuration, would remain basically an Apollo

Lunar Module with equipment additions and removals requiring no major redesign.

With approximately 2000 ft3 of unused space and numerous hardpoints, the

LM has room for both growth and possibly additional experiments. The major IA{

equipment not required for the mission include landing gear, ascent and descent

propulsion (except supercritical helium tank), landing and rendezvous radars_

and abort guidance. The following equipment would be added as required by the

mission (see Figure 7.1-1).

7.1 ! Reflector Canister

Two locations for the reflector canister are possible, each has its limita-

tions and advantages. In the first location (see Fig. 7.1-2a), the canister would

be located in the area between the D_ Descent Stage and the top of the SIVB hydrogen

tank. The canister would be fastened to the eight existing drag strut fittings on

the lower surface of the Descent Stage. A maximum volume of 570 ft 3 can be accommo-

dated in this location. Since the majority of the vertical load at the drag strut

fittings during launch and boost goes directly into the LM outrigger truss (which

can be easily redesigned) and then into the Spacecraft LM Adapter (SLA), the maxi-

mum canister weight which can be tolerated is limited only by the structural capa-

bility of the SLA. The location below the Descent Stage can be utilized on either

a single manned or unmanned launch or on a dual manned launch.

The second location (see Fig. 7.1-2b), places the canister above the LM

Ascent Stage, in the area normally occupied by the Service Module. A volume of

2,500 ft 3 or greater is available, which is more than sufficient for the 3000 ft

reflector. The canister would be attached to the SLA in a similar manner as is

the Service Module and would be limited in weight to the structural capability of

the SLA. This location can be used for a single unmanned launch or a dual manned

launch.



7.1.2 Solar Arrays

Power for an ABLE Mission would be continuously required from solar arrays.

When light is reflected from one side of the reflector only, one solar array would

be required. If both reflector sides are to be used_ two arrays would be required,

one on each side of the reflector. In both cases, the solar arrays could be pack-

aged on the sides of the Ascent Stage and would be deployed by extendable arm

mechanisms.

7.1.3 Radiators

Cooling requirements for s mission would dictate the use of two radiators

spaced 180 ° apart on the LM vehicle so that, at all times, one would face away from

the sun. To meet this requirement, two radiators were placed, one each on Quads II

and IV of the Descent Stage. These locations were compatible with existing structure

and are in the same area as the glycol coolant loops.

7. I. 4 Antennas

Since one S-bend antenna must always "face" the earth, the two S-band antennas

would be relocated to points on each side of the reflector when both sides of the

reflector are used. One would be placed on the top of the Ascent Stage and the other

would be attached to the solar array arm which deploys to the other side of the LM.

0nly one antenna would be required if one side of the reflector is utilized.

7. i. 5 LOTS

The LM Optical Tracking System (LOTS) would be required on the ABLE Mission.

It would be attached to the Ascent Stage Navigational Base as it is on the LM-I

flight article. In this location a suitable star field can be viewed.

7.1-2
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7.2 MECHANICAL DESIGN

Full advantage will be taken of existing LM systems and technology to perform

several new functions required on ABLE LM. LM qualified explosive devices such

as the Landing Gear Uplock Cutter will be employed on various deployment devices

in conjunction with existing circuitry. It is likely that many mechanical

details developed for LM can be successfully integrated into the mechanisms

for opening the reflector canister and deploying solar panels. Space-qualified

hardware from other programs will also be examined for possible application to

ABLE LM.

7.2.1 Reflector Deployment

!n one deployment concept (as outlined in the Reference Mission, Section 3.5),

the initial steps require that the CSM first engage towing hooks on the packed

reflector and then open the canister. The simplest method of engaging the

towing hooks would require the CSM to maneuver a few feet from the bottom of the

canister and an astronaut, on what might be termed a semi-EVA, would manually

engage the hooks with the existing Apollo LMEVA transfer device. This is a

STEM device with an engaging hook or ring used to transfer astronauts from

LM to the CSM in the event that normal docking is impossible. The astronaut

would not be required to leave the CSM, since the entire operation could be

conducted while standing tethered in the CM docking hatch.

If it is determined that even a partial EVA is undesirable, it is feasible to

automatically engage the towing rings. Parts required to implement such a

system would include a flexible extendable probe replacing the normal docking

probe on the CM, an automatic catch, a remote release mechanism and a probe

guide surrounding the exposed towing rings on the canister. Engaging the probe

with the rings would require CSM maneuvers similar to those required for normal

docking with a LM though requiring somewhat less precision.

Once the rings have been engaged and the CSMhas backed off, the canister is

opened to release the reflector. Four formed spring loaded doors attached to

a circular backing plate comprise the canister structure. After the reflector

is packed, the four sections are folded together and secured with pyrotechnic

7.2-1



fasteners to form the canister structure. Remoteactuation of the pyrotechnic

fasteners permits the spring loaded doors to deploy and lock open, freeing the
reflector.

7.2.2 Solar Array Deployment

Electrical Power Subsystem studies indicate that the ABLE LMmay employ two

steerable solar arrays. The arrays can be stowed on the descent stage and se-

cured with pyrotechnic fasteners until the reflector has been deployed. Be-

cause of their probable size, the solar panels must be folded to fit within

the launch envelope. The deployment geometry and mechanism will depend on the

distance from the stowed to the deployed array.

For deployment over long distances, the solar array can be extended from the

descent stage by means of a multi-section telescoping tube. At full extension

of the tube, a release will be tripped permitting the folded solar panels to

deploy. An alte_ate to the telescoping tube could be the STEM developed by

Westinghouse. Deployment over short distances can be accomplished by a set of

folding spring loaded links. When deployed, the panels automatically unfold.

7°2.3 Solar Array Pointing

A one-or two-axis gimbal drive, powered by independent motors complete with

gearing, clutch and position feedback provisions, is probably required if the

arrays are steerable. A similar single-axis drive is flying on Nimbus and a

two-axis drive has been developed for OG0. Pointing commands can be provided

by either the guidance computer or array-mounted sun sensors.

7.2.4 Antenna Deployment

Two antennas, an S-Band on the lower surface and a V}FF on the +X axis side of

the Descent Stage must be extended after the reflector has been deployed.

Both of the antennas would be secured for launch by pyrotechnic or solenoid

latches and later deployed by STEM devices. Existing self-powered STEM's with

minor modification should be adequate for this task.
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7.3 CREW PROVISIONS

The interior of the ALBE LM Ascent Stage will probably be similar to the Apollo

LM_ with minor modifications associated with the Control & Display consoles.

Equipment required for EVA can be retained as in the existing LM configuration.

These items consist of 2 PLSS units, 6 PLSS throwaway batteries (stowed in

the Descent Stage), 5 PLSS LiOH canisters plus i canister utilized in the ECS/

suit loop package as a backup for cabin LiOH canister replacement, all recharge

equipment, 2 thermal meteoroid garments, EV visors, boots, gloves and EV device.

When better definition of EVA activity is available, the installation of ex-

ternal crew aids such as hand holds, retention devices and Auxiliary Maneuvering

Units may have to be considered.

The existing LM food and waste management system can be retained for possible

manned ABLE LM operations while separated from the CSM.
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APPENDIX

A. OPTICS ANALYSIS

The effects of bending and deflection on a satellite reflector will signifi-

cantly influence the choice of orbit and the structural design of the space

craft. The following appendix is a description of an optical analysis of

plane and spherical reflectors used in the ABLE trade-off studies.

A. i Ideal Reflector

The analysis below is valid for flat reflectors in high altitude orbits.

Consider a plane reflector, using the incident rays from the sun to

illuminate a target on the ground, and so oriented that the reflected

rays are approximately normal to the earth's surface. The ground pattern

of the resulting illumination is illustrated in Figure A.I. At a point

in space at a distance from the sun equal to the mean radius of the earth's

orbit, the sun subtends an angle of 32.3 minutes of arc. Thus the sun's

beamwidth @, in Figure A.I is assumed to be 32°3 at every point on the

reflector. The orbit altitude HI is on the order of 6000 n.mi. or greater,

and i is the average angle of incidence On the reflector whose diameter, d,

does not exceed 0.5 n.mi. The diameter, D, of the ground pattern is given

approximately by:

D = 2d cosi + H@

But since H@ > > 2d cosi, this becomes

D = H@

(A-I)

(A-2)

Thus the resulting illumination pattern depends chiefly on the sun's

angular beam width @. The ground pattern, then, is essentially a

circle whose perimeter is only slightly modified by the size and shape of

the reflector. At nearly synchronous altitude, for example, H = 19350 n.mi.

and the illuminated area is 181 n.mi. in diameter.

The average ground illumination _, is given by:

AE = @-g'E A cosi (A-B)o o

where: C is the reflecti;ity of the reflector

-E is the transmission of the atmosphere

E is the luminous flux/unit area impinging upon
o

the reflector.

A and A are the areas of the mirror and ground coverageo
res_

A-I



A-2

Equation A becomes:
d2

T = e'tE o D2

and since D : H@,

cosi (i-4)

d2
- @_ s co_io (H_) 2

Using an average value of OJ = 0.8, and the value of E O

atmosphere (14_000 lumens/m 2) ,

E = 12.7 x 10 8 H-_ cosi

near the top of the

(A-5)

Choosing d = 0.5 n.mi., e = 0.8, i = 45 °, and again H = 19,350 n.mi,

E = 0.48 lumens/m2

as compared with the nominal value for full moonlight, E = .15 lumens/m_,

at ground level.

The central illumination En, at point P of Figure A.I is given by the

inverse square law:

I cosi (A-6)
s_ = C "c"--fl-_

where £Z is the number of lumens/steradian, or candle power, provided by the

reflector.

This may also be written as

= H F_o

where _gl_

given by:

is the solid angle corresponding to @, which for small © is

-_e: -_-

Thus,

P WE_ j2 . (A-7)
Co_L[N : _2 H_

which is identical to equation(i-4).Thus for a plane, regular reflector at

high altitude, a good approximation is

ST_= T (A-8)
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A.2 Bending Effects on Illumination

Considering the above case of the plane regular reflector as ideal, we now

proceed to more realistic models. I'o simulate possible bending out of the

plane of the reflector_ consider how the ground pattern is affected if a

particular plane element on the reflector is rotated through an angle _.

This case is illustrated in Figure A-2.

An incident cone of rays from the sun is shown reflected normal to the

earth's surface. In addition, the same incident cone is shown being

reflected when the reflector has rotated by some small angle _. It is shown

in Figure A.2 that the reflected cone has advanced by an angle 2_. If RI

equals the radius of the ground pattern produced by the reflector in its

original orientation_ let R2 be the maximum ground shift of the displaced

cone, measured relative to the center ofthe first cone (point P in

Figure A _).

Since @ and _ are both small we may write:

RI = @

R2 = [9 +2 2_J] H (i-9)

And we may define the ratio R2/RI:

R2/R1 : _ + 17 (A-IO)

which_ if rotations _ are considered in all directions, gives a measure

of the increase in the region of ground illumination due to small angle bending

in the mirror. Figure A-2 also contains a plot of equation (A-10). The

following two points about the ratio R2/R I are pertinent:

o It is independent of H (When H is assumed large)

o It is extremely sensitive to the degree of bending.

The sensitivity of R2/R I to bending is illustrated for _ = 8.1. Equation

(A-9) yields R 2 = 2RI, i.e. in the synchronous orbit case discussed above,

RI = 91 n.mi, R 2 = 182 n.mi. Since the total luminous flux reaching the earth

remains constant, the energy density, and thus the average illumination must



by a factor of (RI/R2)2"decrease

A.3 Spherical Reflectors

The ground patterns and illumination intensities are similar for similar

concave and convex mirror parameters. Thus only the concave case will

be considered here.

Required first are the definitions of several important parameters relating

to spherical mirrors. Figure A-3 depicts the cross-section, ABC, of a

spherical mirror of diameter d. BB_ henceforth referred to asx, is known

as the the sagitta_ or maximum deflection of the mirror from a plane.

The radius of curvature 0A will be designated by R, and _ is the angle

between the tangents at A and C, and the chord AC. In triangle 0ABI:

R 2 = d 2
+

2

which becomes,

2R x = d2

-_- +

But since d2/4 >

R = d2

-Yx

(R-x)2 (A-ll)

2
x

x for a reflector in space,

(A-Z2)

Since for a spherical mirrcr, the focal length

we have also,

f = d 2

In addition, from Figure A-3,

sin _ = d/2 _
f

for small _. But, substituting (A-12),

= 4 x/d

f = ½R_

(A-13)

(A-14)

(A-15)
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The ground pattern for a concave spherical mirror is illustrated in Figure

A.4. To simplify the analysis it has been assumed that:

o the reflector receives the sun's rays from an approximately normal

direction.

o the principal axis of the reflector is perpendicular to the gruund

(n_te that neither Figure A-4 nor Figure A-I is drawn to scale).

Further for practical values of deflection x

generally be small compared to H.

, the focal length f will

The diameter, D, of the ground pattern for the spherical mirror is greater

than H@, the approximate value found for the plane mirror. The rays

belonging to the incident cone i are parallel to those in cone 2, and their

reflections converge at the focal plane denoted by F'F". The reflected rays

denoted i' and 2 _ intersect the ground at A _ and C', and similarly, points A"

and C" are defined. Points B_ B', and B" are symmetrically distributed between

A and C_ A' and C' and A" and C", respectively, with B' and B" being defined

by the edge rays of the cone incident at B.

Let C'A _ = C"C" =dg Using B'B" = H@, and D=C'A"•

D =dg +H_ (A-16)

Since AF_C and A'F'C' are approximately similar triangles

d f

and

Sine R

R

= d_x,

dg = 16Hx

d

(A-17)

d (A-18)

A_5
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and thus, (A-16) becomes

D = 16Hx
d +H@

D = 16Hx
+ H@, (A-19)

d

since 16Hx

d

Figures A.5a and A.5b show D represented parmetricali@ as a function of _

and d, for altitudes of i0_O00 and 19_350 n.mi., respectively. As >_-,-O,

D approaches its value for the plane case, and the ground diameters are 56.3,

93.8, and 181 n.mi. for the altitudes considered. These numbers are independent

of reflector diameter s d. The value of d becomes significant however, when

x > 0. As x increases, D increases very rapidly for small d_ but more

slowly as d increases.

Returning to figure A.4, there is a region of constant illumination bounded

by A' and C". At every point in this region a reflected ray from every point

on the mirror is received. The illumination in this region is equal to that

which would be provided by a plane mirror of diameter d. From the geometry,

D : _ - dg (A-20)
C

But from (A-18)

D = H@ - 16 Hx + d
c

d

and D = H@ - 16 Hx (A-21)
c

d

since H@ >> x

Of particular interest is the special case in which D _ 0 as x increases
C

Designating the limiting value of x as xo (Figure A-6), we get from (A-21),

x o _ @d
i--_ (A-22)
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In Figure A-7, x is plotted versus d_ If x _ Xo, the illumination directly

below the mirror will decrease. In general this will be the case, as manu-

facturing tolerances require considerably larger values of x than are in

Figure A- %

The calculation of E and for the spherical concave and spherical convex

mirror is quite lengthy. The results are:

x .>o (A-23)

EN-- I @'H_ _ O - _ (A-24)

In Figures A-8 and A--9 values of HI d and x yielding minimum acceptable

and full moon illumination respectively are sh_n.

A.4 Additional Considerations

Two more aspects of the geometrical problem must be considered for the

case of actual reflectors.

° the case of oblique incidence of the sun's rays on the reflector

o the possibility that the target will n_ lie directly below the

target.

In the first case, for small angles of incidence, i, the results are similar

to those derived for the plane mirror which has been rotated through an

angle 9- The projection of the area of the mirror in a plane perpendicular

to the sun's rays becomes AlCOSi , where A I is the cross-section for normal

incidence; thus E is also decreased by a factor of cosi. The entire ground

pattern is shifted in a way similar to the case illustrated in Figure A-2.

However_ as i increases some degree of distortion appears in the pattern.

Further study of the case when i is large is required to determine the correction

factor needed in addition to cosi. When the reflector is not directly over



A-8

the target, the area of ground illumination becomes A2/ cos _ , where _ issue

complement of the elevation angle of the reflected rays (measured from the

target). Thus, effectively, the value of E is reduced by a factor of cos _ .

This is a good approximation for large H.

Additional problems are raised_ however, by oblique illumination, involving

shadows and contrast on the ground. But before these can be solved_ a firm

decision is required on the nature of the illumination desired.
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APPENDIX B

STRUCTURAL ANALYSIS

B. i INFLUENCE COEFFICIENTS

A generalized matrix solution for complex structures was utilized to solve for

internal member loads and deflections. In particular, the Grumman ASTRAL System

in conjunction with the IBM 7094 Digital Computer proved most efficient for rapid

solutions. In this analysis, the structure is broken up into basic elements and a

malhematical model is defined. The first portibn of the program creates a load

and stiffness matrix for each element. These matrices thus express the loads a_'

a function of displacements. Thus, _ fj_ = [ KG_ _ j_ , where _j_ are the

nodal displacements that affect that particular element and __ fj] are the nodal

forces corresponding to _$ j_-- . The sub-matrices of the total stiffness matrix

[_T] are by summing appropriate Thus,created the member stiffness matrices.

__IKTij_ = _ L _KGJ ' where the indices i and j indicate the row and column

sub-matrix of[KT_ and n are the number of elements that have a node which lie in

either zone j or i. The external load matrix is also read into the computer and

automatically partitioned into sub-matrices to match the row partitioning of the

stiffness matrix. Boundary conditions are applied to both the stiffness and

external load sub-matrices to yield the blocks of the final system of equations.

Substituting these deflections back into the total stiffness sub-matrices yields:

_Fji _ = [KTij] _ DEFLj] _ = _ NFi]_ which are the nodal forces

induced at all the nodes due to the applied loading conditions.

Hence, the [DEFL] deflections express _ j_ in terms of _ and _NF] nodal

forces are obtained as a result of substituting displacements into the stiffness

matrix _T]" Also, realizing that the matrix of stiffness influence coefficients

and the matrix o_ flexibility influence coefficients are reciprocal matrices, one

is readily obtained from the other. That is:

where _BCii _ refers to the boundary conditions for the ith zone. A table of

boundary conditions is maintained in the core of the computer which is used to

remove the appropriate rows and columns from the _KTij_ and FLEi_matrices.



For the solution of nodal displacements, the tri-diagonal stiffness matrix

is first split into two matrices EA_ and [B] , where gA_ is a lower

triangular matrix and EB] is an upper triangular matrix. The recurrence
relations are obtained by multiplying the matrices EA_ and [B_ and

equating the results to the sub-matrices of EK3.

The system of equations:

EC:IE8 {_}
may be re-written as:

g_O'_ = nodal displacement

_ -=- column of loading conditions

_L] = loads at free nodes

Since the CA_ matrix is a lower triangle, it is easy to solve _A_{_ _L]_

_o_ v_e__or_o_t_=_a_ov_r_esEZD _ __=_o_o_[Z_.
Once the values of {Zi_ have been computed, they are used to obtain the

nodal displacements {Zi JF_ by using the system of equations as given by

{Z_ = EB]{_jF_ . Ultimately,{_JFi_ _ EDi_is obtained and

expanded back into the original order. This is identical to performing the

matrix operation

B.2 LAUNCH AND BOOST ENVIROhrMENT

The canister containing the reflector assembly may be sup portedunder the

descent stage structure of the Lunar Excursion Module during the launch and

boost phase of the mission. The total package has been designed to withstand

the loading conditions resulting from this phase of the mission. Given below

B.I-2
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are the loadings experienced by the LM vehicle.

Accelerations

Lift-off Condition-

Max q Condition S-IC

End Boost Condition S-IC

Engine Hard Over S-IC

Engine Hard Over S-If

Engine Hard Over S-II

Acoustic s

(Sound pressure levels

exlernal to LM)

(re. .0002 dynes/cm 2 )

in db

X Y Z

rad rad rad

g sec 2 g se-_c g s-Z72

+1.6o

+2.07

+4.90

-i.70

+2.15

+2.15

-+.65

-+.30

-+.i0

-+.i0

-+.4o

0

-+.65

+.30

±. i0

i.lO

0

-+.40

Octave Band C5 at Max Level

cps (db)

136

142

146

143

139

135

13o

125

119

113

15o

9 to 18.8

18.8 to 37.5

37.5 to 75

75 to 150

150 to 300

3oo to 6oo

600 to 1200

1200 to 2400

2400 to 4800

4800 to 9600

overall

Vibration

The mission vibration environment is represented by the following random and

sinusoidal envelopes considered separately as inputs to the equipment supports.

Bol-3



i) Input from Exterior Primary Structure

a) Random

i0 to 23 cps

23 to 80 cps

80 to 105 cps

105 to 950 cps

950 to 1250 cps

1250 to 2000 cps

12 db/octave rise to

0.0148 g2/cps

12 db/octave rise to

0.044 g2/cps

12,db/octave decrease to

o.o148 g2/eps

b) Sinusoidal

5 to 18.5 cps

18.5 to i00 cps

0.154 inches D. A.

2.69 g peak

2) Input from Interior Primary Structure

a) Random

i0 to 23 cps

23 to 80 cps

80 to i00 cps

I00 to i000 cps

i000 to 1200 cps

1200 to 2000 cps

12 db/octave rise to

o.o148 g2/cps

12 db/octave rise to

0.0355 g2/cps

12 db/octave decrease to

o.o148 g2/cps

b) Sinusoidal

5 to 16 cps

16 to i00 cps

O.154 inch double ampl.

1.92 g peak

During the launch and boost phase of flight, the vehicle is exposed to random

vibration of varied levels and spectra for 17 minutes. During all but approximately

2.5 minutes of this period, the intensity of random vibration is of such a low level

that it is considered to be of negligible design significance. In addition, the

launch and boost environment is considered to include peak vibration levels which

are represented by the above sinusoidal vibration envelopes. The number of

sinusoidal peaks for design can be considered to be one percent of the natural

frequency of the equipment being designed times the number of seconds of exposure.

For design purposes, the above random spectrum applied for 5 minutes, along each of

the three mutually perpendicular axes x, y, z, when applied in addition to the above

sinusoidal vibration for 300 seconds exposure time will adequately represent the

vibration environment.

B.I-4
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B.3 CALCULATION OF NATURAL FREQUENCY

I A p_ iminary anal ys s was m_Lde to det

of the combined support structure and reflector.

l pointed star configuration was used and the res_

l In order to obtain preliminary frequency data, s

8 point star configuration was ma_(see Figure below):

, 1!

|

I The star was divided into 9 mass points and it _8

mode was symmetrical bending (i.e., Z1 = Z2 .... =

I the first natural frequency is given by:

f = 1 / 24_i f 8 + i

Fig. 6.4 6 sho

i exp cted that

the same size.

!

!

A preliminary analysis was made to determine the natural frequency of vibration

For this study, an eight

pointed star configuration was used and the results are shown in the curve.

a simplified analysis of an

The star was divided into 9 mass points and it was assumed that the first

Z8). With these assumptions

6.4-6 shows the variation of natural frequency versus diameter (D). It is

expected that similar values would be obtained for torus spoke configurations of
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APPENDIX C - THERMAL ANALYSIS

C.I REFLECTOR THERMAL ANALYSIS

Parameters affecting reflector temperature are (a) orbital parameters such as

altitude and attitude, and (b) material thermal properties such as absorptance/

emittance ratio (_/_)o Figure C,I-I provides information relating these parameters

to reflector temperature°

By far_ the most important parameter for a given reflector orientation is the

ratio (_/_)_ The plot shown in Fig. C_l-l(a) is for the case of the reflector

normal to the earth_sun line with the reflector in the high noon position (Case A)_

In this orientation, reflector temperatures ranging from approximately 25°F to

4OOCF may be obtained by varying (_/_) from 0_4 to 4.0 respectively.

The effect of orbital parameters on reflector temperature is also shown ia

_ig. C.l-l(a). For the high noon case (Case A) the effect of altitude on

temperature is rather insignificant for altitudes above 6_000 miles. However for

the case where the reflector is in the shadow of the earth (Case B), the reflector

temperature is relatively sensitive to changes in altitude. Since there is no

solar energy impinging on the reflector in this condition the ratio (4 /_ ) has

no effect on temperature_ An additional orbital parameter having a major effect

on temperature is orbital attitude_ This is shown in Fig° C.l-l(b)o

The steady-state temperature range that will be traversed in one orbit, for a

particular value of (_/_), orbital altitude, and reflector orientation_ is shown

in Fig° C.I-2_ The same type of information for a synchronous orbit is shown in

Fig. C.I-3_

The thermal analysis was based on the heat flux environment as described in

Appendix Co3.

C_2 REFLECTOR SUPPORT STRUCTURE THERMAL ANALYSIS

For any given orbital position of the spacecraft the heat flux distribution around

a cross section of the support structure will be non-uniform. This leads to

temperature differences within the structure and possible thermal distortion problems.

C-I



C,2 (continued)

The temperature differences within the support structure as well as the absolute

temperatures attained by the various positions on the cylinder cross section, for
any given set of orbital parameters, is dependent on internal and external surface

thermal properties. Fig, C,2-I illustrates the effect of internal surface

emittance on structure temperatures for two different values of_/g when the

structure is in the high-noon position at an altitude of 8,000 n.m_. This

plot indicates that the temperature difference across the cylinder cross section

decreases with increasing internal emittance° Fig. C_2-2 provides similar

information for the orbital condition of the spacecraft in the earth shadow.

Fig. C.2-3 is a plot of the temperature distribution around the cylinder cross
section for the high-noon position at an altitude of 8,000 n,mi. Note that the

entire maximumtemperature difference occurs in a 90° section of the structure,

Figs. C.2-4 through -6 provide similar information to Figs. C,2-I through -3 for

the synchronous orbit.

Fig. C,2-7 is a parametric study of the maximumstructure temperature difference

vs the external absorptance to emittance ratio (_/_) for a series of different

solar absorptances (_) and a constant value of internal surface emittance. It

can be concluded from this plot that it is possible to maintain relatively low

levels of temperature difference if (_/_ ) is relatively high and (_) is
relatively low, Howeverhigh values of (_/_) are accompaniedby relatively
high values of absolute temperature as indicated in Fig, C.2-8,

A concept to reduce temperature differemces and thereby reduce thermal distortions
within the structure consists of effectively isolating the structure from the heat

flux environment through use of crinkled aluminized mylar type super insulation.

The insulation can be installed in such a manner that it will be free to expand or

contract without distorting the structure,

The data presented in Fig. C,2-9 represents the temperature information for a

cylindrical structure "isolated" from the space heat flux environment by thermal

radiation shields, the outermost shield serving also as a thermal control skin

which can be coated to achieve desirable thermal properties, Temperatures at

various positions in _he structure are plotted as a function of overall effective
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C.2 (continued)

emittance of the insulation. All temperatures_ are plotted for thermal control

skin absorptance to emittance ratios (O(/6) of 2.0 and 4.0. In addition Curves

3 and 4 have been replotted in Figure C.2-I0 (T3-T4) or the temperature difference

in the structure as a function of insulation emittance. It should be noted that

the use of (_/() = 2.0 as opposed to (_/g) = 4.0 had an indiscernable effect

on temperature difference and thus only one curve is shown in Fig. C.2-I0.

However_ the higher value of (_/g) results in the insulation shields as well

as the structure achieving higher absolute temperatures.

The particular value of effective insulation emittance can be obtained by

varying either the number of shields or the surface properties of each shield or

most likely a combination of both. Fig. C.2-II provides information that enables

selection of a particular combination. Curves I and II provide the effective

emittance values for ideal thermal shields having the surface properties associated

with the materials described on the Figure. Curves III and IV present a more

realistic approach by including a wrap factor of 2.0 to account for additional

heat leaks resulting from outgassing orifices_ conduction at insulation contact

points_ etc.

An important factor to consider in establishing insulation requirements is the

weight penalty involved. The weight of the thermal control layer utilized in the

following analysis was based on the need for a relatively substantial base for

a control coating. However as previously noted the external thermal properties of

the thermal control layer does not affect the temperature difference in the

structure but does affect the absolute temperature. Therefore as long as the

temperature of the insulation does not rise above acceptable levels for the

material a wide range of thermal coatings could be used therby eliminating the

need for a "heavy" control layer. Fig. C.2-12 presents pertinent weight

information for a i,iO0 ft diameter reflector. Plot (a) indicates the weight of

insulation as a function of the number of shields comprising the blanket. Note

that for zero layers (i.e._ only a thick thermal control layer covering the

structure) the weight is 740 ibs. Plot (b) presents a direct tradeoff analysis of

insulation weight as a function of temperature difference in the structure. If

the thermal control layer is simply an additional layer of super insulation coated

with a compatible control coating_ a weight saving of 550 Ibs may be realized

C-3



C .2 (continued)

thereby reducing all weights shown on the scales of Fig. C.2-12 by 550 ibs,

This reduction is shown in Fig. 4.4-3 and represents the most likely design

concept.

C .3 EXTERNAL THERMAL ENVIRONMENT

The external thermal environment to which the spacecraft is subject consists of

direct solar radiation, earth reflected solar radiation (earth albedo), and

earth emitted radiation. The thermal radiation intensities depend on the orbit,

vehicle orientation and the location of the sun relative to the orbital plane_

The angle between the solar vector and the orbital plane @s' varies as a function

of the orbit inclination, and the time of launch. The angle @ has been maintained
s

constant at 0 ° throughout the data presented in this section. In Table Co3-I

the orbital average of incident thermal radiation is presented for a number of

differently oriented surfaces. This data is shown as a function of altitude.

Table C.3-2 presents instantaneous values of the various heat fluxes during an

orbit for an altitude of 8_000 miles.

C.4 ABLE LM ECS PERFORMANCE

C.4.1 Radiator Sizing

Figure C.4-I shows the radiator area required to handle various loads (without

water supplement) when the radiator is subjected to different levels of absorbed

radiation. The figure is based on a constant 41_F glycol temperature leaving

the radiator. This temperature is suitable for the temperature sensitive

electronic components located in the low temperature electronics section.

For the six month operational phase load of 670 watts (2285 BTU/hr) and with

the vehicle in the hot orientation, one radiator panel will act as a heater and

would be ineffective due to the action of the intermodular control valve. The

second radiator panel, located 180 _ away from the first panel, would be subjected

to an absorbed radiation of 15 BTU/hr-ft 2. Figure C.4-I shows that for this

load and absorbed radiation_ a 30 ft 2 radiation is required. Thus, the required

radiator size will be 60 ft 2 which is split into two sections of 30 ft 2 each and

located 180 _ apart on the Descent Stage of the vehicle.

c-4
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C.4.2 Selection of Radiator Control Configuration

Figure C.4-2 shows the minimum load that can be accepted by a 93 ft2 radiator

(absorbing a minimum radiation of zero BTU/hr-ft 2) as a function of the radiator

system (type of fluid, type of controls, etc.) employed. The minimum loads were

adjusted to account for the 60 ft 2 radiator area required to carry the 670 watt

load in a hot environment. The results for each of the radiator control

configurations shown in Fig. C.4-2 are:

System A - With no radiator controls and no radiator regenerative heat exchanger,

the minimum permissible load would be 5,900 BTU/hr (730 W) to prevent the 35_

glycol from falling below 35°F at the radiator exit. This temperature would not

introduce freezing problems with the glycol and will be compatible with the

electronic equipment located in the low temperature section of the loop.

System B - Switching the fluid to 62e_0 glycol and incorporating a radiator

regenerative heat exchanger will allow the minimum load to fall to 3390 BTU/hr

(993 W). This load will result in a minimum glycol temperature of -30°F which

is still well above the -65°F freezing point. The radiator regenerative heat

exchanger will raise the glycol temperature to the value necessary to satisfy

the electronic equipment in the low temperature electronic section.

Systems C & D - Utilization of a radiator control valve and a radiator regenerative

heat exchanger. Allows minimum loads of 1470 BTU/hr (430 W) for System C with

35_ glycol and 826 BTU/hr. (242 W) for System D with 62_ glycol.

Systems E & F - These systems have the radiator in a separate transport fluid

loop with a heat exchanger. This loop has its own pump and also has a control on

the heat exchanger. The radiator incorporates no control. The transport fluid

for System E is coolant 15 with a freezing point of -145°F. The minimum load for

this system is 1,740 BTU/hr. (510 W) for a radiator exit temperature of -IO0OF.

The transport fluid for system F is freon 21 with a freezing point of -211°F.

The minimum load for this system is 625 BTU/hr. (183 W) for a radiator exit

temperature of -175°F.

System D is the recommended configuration.

The radiator system is supplemented with a water sublimating heat sink during the

mission phases preceeding the 6 month phase. The combined system is shown in Fig° 2.2-L

c-5



C.4.2 (continued)

The radiator bypass valve acts to hold a 38°F glycol temperature at the inlet to

the water sublimator by controlling the flow rate of glycol through the radiator

panels. This ensures adequate load on the water sublimator when the water

shutoff valve is open. The control valve downstream of the water sublimator acts

to hold a 38°F temperature at the ccolant recirculation module inlet. This is

accomplished by controlling the flow rate of glycol tbJ'oug?_ th_ regenerative

heat exchanger and ensures proper glycol temperature to the temperature sensitive

components mounted on the cold plates downstream of the coolant recirculation

module. The intermodular valve controls the flow rate to each of the two

radiator panels so that equal glycol exit temperatures are obtained from each

panel. This valve has the effect of taking a panel off the line wh,_n it is in

a very hot environment and acting as a heater. The radia_or co_trol valves act

to divert th'e glycol flow in a given panel _'rom the main radiator tubes to a bypass

tube on the panel. This has the effect of reducing the radiator capacity and

preventing the glycol temperature from falling too close to its freezing point.

C.4.3 Alternate Heat Sink

An all water sublimating heat sink to handle the 670 watt load for the six month

unmanned mission phase would require approximately i0,O00 pounds of water. This

weight penalty is obviously prohibitive. However, for a 14 day mission, the water

requirement would be 770 pounds which would be within the LM capability.

C.5 REFLECTOR INFLATION SYSTEM

In the selection of a recommended configuration for the Refleclo_. Inflation System

the following two types of systems were considered.

The Echo inflation system used a subliming powder to pressurize a _00 ft diameter

spherical satellite. This system has the advantage of not requiring any storage

tank or gas handling system. The subliming material is distributed in the folds

during packaging and after initial deployment in orbit_ solar energy vaporizes the

powder, resulting in the required pressure. This type of inflation system requires

a very careful thermal analysis of the satellite skin temperature in order to select

a substance with the proper sublimation temperature/pressure char'acteristic and to

c-6
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C.5 (continued)
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determine the correct amount of the substance to use. In addition, the use of a

subliming solid as the pressurant requires that the mean temperature of the inflated

structure be significantly higher than the nominal ambient temperature (75°F). The

vapor pressure of the pressurant at ambient temperature must be sufficiently low

to prevent any significant loss of material by sublimation prior to deployment and

the vapor pressure at the mean reflector skin temperature must be sufficiently high

to insure strain rigidization of the skins.

Uncertainties in the skin temperatures on the torus and spoke support structure will

exist because of the complex interchange of radiant energy between the reflector,

the torus and the spokes. Also, solar blockage effects and variation in thermal

control coatings because of manufacturing tolerances will add to the uncertainties.

At locations on the torus where the skin temperature falls below the saturation

temperature of the pressurant, condensing and freezing will occur with a consequent

lowering of internal pressure. Theoretically, a thermal coating could be chosen

for the external skins and a vehicle orientation could be selected which would

result in high enough skin temperature to eliminate the possibility of condensation.

However, the uncertainties in environment and coating could then result in skin

temperatures exceeding the allowable high temperature limits for the material.

Therefore, despite the simplicity and relatively low weight and volume of the

subliming powder inflation system, its sensitivity to the thermal environment,

with all the inherent uncertainties, is sufficient to eliminate this system from

further consideration.

The second type of inflation system considered uses a gas stored at high pressure°

Although weight and volume penalties are incurred as a result of the storage and

handling requirements of a pressurized gas system_ the ability of this system to

adapt itself to various environmental conditions was considered of prime importance.

Therefore, this concept was selected for the Project ABLE Reflector Inflation System°

Having selected the high pressure gas concept for the inflation system_ the

particular gas and its storage and handling system must be chosen. A study of a

number of candidate low-molecular weight gases resulted in the selection of helium

as the most suitable gas for the inflation system. Helium was selected because its
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C.5 continued)

low molecular weight and its non-toxic, nonflammable properties result in a

reasonable compromise between system weight and safety of handling and stor_ge,

_n addition, the thermodynamic properties of helium are such thst there is no

possi_ility of helium condensing (with a resulting pressure loss] at local cold

spots on the skin surface The existence of a variety of qualified helium storage

t_nKs both on LM and other Project Apollo spacecraft_ makes the selection of

helium as the recommended pressurant_ the obvious choice.

'rP,e range of gas pressures and temperatures anticipated in the deployed sat,_l!itc

p<_mi_,s the use of perfect gas theory to evaluate the parameters influcnciP._, tb_

q_._Rnti_,yof helium required From perfect gas theory, the r_<uired weight of

h_._lium _n pounds is determined from the following equation:

W : PV

RT

where

P is internal pressure in ib/sq, ft

V is the total volume in cu. ft.

is the gas constant for helium : 386 ft-lb/ib--_£

T is the gas temperature in deg. R

'I'_;ein<ernal pressure required for strain rigidization depends on the required

st_-esu level in the skin_ the skin thickness and the geometry of the inflate,J

struc Lure while the total volume depends on the geometry of the satellite. '_h_

temperature of the gas is a function of the skin thermal properties and the

en,rironmental thermal radiation, These thermal parameters determine the mean

radiation temperature of the support structure which is assumed to equal the

temperature of the enclosed gas.

Figure C.5-I shows the weight of helium necessary to provide the required strain

rigidization pressure for the support structure as a function of reflector diameter,

Helium weight is shown for support structure diameters of i0_ 20 and _0 ft and

for gas _emperatures of +75_F and _85_F, The resulting internal pressure in

sufficient to achieve a minimum skin stress of 5000 psi in all inflat, able mL'mbers,

lhe +75"F and -85_F gas temperatures are based on the support structure skins

having an _/E ratio of 1.0 and are the extremes of mean skin temperatur'e ir_ a

nos_-occulted orbit,
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C.5 (continued)

Figure C.5-I shows the limits in reflector size determined by the number of

cryogenic helium tanks used. The LM Descent Stage cryogenic tank holds a nominal

49 Ibs of helium and if no restrictions are placed on vehicle attitude, the

-85°F gas temperature must be assumed.

Having selected helium as the inflation system pressurant, the various existing

helium storage tanks must be evaluated to determine their suitability for the

Project ABLE mission. The following table lists the characteristics of some of

the qualified helium tanks used for pressurizing propellant on Project APOLLO_

Apollo TANK SIZE

Spacecraft/System DIA(in)/Vol (Ft 5)

Service Module/ 41 / 21

Propulsion (Block I)

_M/RCS 12.5/ .60

LM/Ascent Propulsion 24 / 4.2

LM/Descent Propulsion 33 / 10.8

OPERATING CONDITION

Temp/Pressure (psia)

Ambient / 4400

Ambient / 3050

Ambient / 3500

Cryogenic / 1550

Tank/Helium

392 / 47

8.3 / 1.o3

538 / 65
i13.6 / 49.2

The LM RCS helium tanks are recommended for the peripheral tanks used to deploy

the reflector. The main tanks used for final inflation and strain rigidizing the

structure were selected from among the remaining tanks listed in the table.

Four alternate systems, designated as Configurations A through D_ are evaluated in

selecting the main helium storage tank. Configurations A and B use LM Descent Stage

cryogenic tanks_ Configuration C uses LM Ascent Stage Ambient tanks and Configuration

D uses Service Module Block I ambient tanks. Figure C.5-2 shows the four

configurations schematically.

In the LM Descent Propulsion System, cryogenic helium flows first through an

external heat exchanger where it is heated by fuel flowing to the engine. The

helium then flows to heat exchanger located within the helium tank where it heats

up the helium in the tank. The helium then makes a second pass through the external

heat exchanger and goes to the propellant tanks, Since there is no propulsion

requirement for the Project ABLE LM_ there is no fuel to provide heat for the

cryogenic helium. The basic difference between Configurations A and B is the

method used to heat the cryogenic helium. Configuration A uses the Descent

C-9



C.5 (continued)

Propulsion System Fuel/Helium heat exchanger with glycol from the ECS heat

transport loop substituting for the fuel as the heating medium. Using this

method, waste heat from the vehicle provides the thermal energy necessary to

remove the helium from the tank and heat it to ambient temperature, Configu_ation

B eliminates the Fuel/Helium heat exchanger and uses battery powered electrical

heaters to heat the helium. Configurations C and D do not require any heat

because the helium is stored at ambient temperatures°

The total inflation system weight as a function of helium weight is shown in

Figure C.5-3 for the four configurations. The total system weight includes the

helium weight, the tank weight, and an assumed weight of i0 ib for plumbing.

Configuration A has an additional fixed weight penalty of 10,5 ibs. for the hea%

exchanger. Configuration B has an additional variable weight of 2.13 ibs. of

battery per lb. of helium. In figure C.5-3 each vertical line segment shown

for Configurations A, B and D represents an additional tank. The actual system

weight curve for Configuration C consists of numerous small increments because of

the small tank capacity, however, the curve shown for Configuration C in Figure

C.,,-3 is the average system weight. It is seen that for any inflation system

requiring more than i0 ibs of helium a cryogenic storage system has a substantial

weight advantage over an ambient storage system. Furthermore, for cryogenic

storage systems, the weight savings realized by using waste heat from the ECS_

instead of electric energy from batteries, is significant.

Another parameter which might be important in selecting the storage and delivery

system is the time required for inflating and rigidizing the satellite, In order

to illustrate the effects of inflation time for the various configurations, it is

necessary to analyze a particular geometry satellite. An ii00 ft. diameter

reflector with a 20 ft diameter support structure (having a total inflatable

volume of 1,800,000 cu. ft.) was chosen as a representative geometry. Figare C. _-4

shows the inflation time versus the helium flow rate for this configuration for tlhe

range of environmental temperatures expected. The configurations with cryogenic

storage tanks have a limited rate at which they can deliver helium to the reflector

system. Configuration A has a helium delivery rate varying between 3.2 and 6.4 Ib/hr

depending on the ECS loop heat rejection load. Configuration B is limited to a
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C.5 (continued)

helium flow rate of about ii ibs/hr per battery if the maximum power delivered

by a battery is 2 KW. Ambient storage tanks do not require any heat and, therefore,

place no constraints on inflation time. Figure C.5-4 shows that the inflation

time with a Configuration inflation system varies between 9 and 26 hours.

General conclusions from this study are that cryogenic storage tanks offer

substantial weight advantages over ambient storage tanks. However, the cryogenic

tanks dictate much longer inflation times.
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Surface
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Igg iIncident Radiation to Satellite Surfaces for One Orbit

rth Oriented

>lar Vector, Os= 0 °

nt Radiation

,IHR-SQ.Fr.

Albedo Direct I-R

Radiation Radiation

n ._ a q 0 •7 33

'_.591 ('.734

0._82 0.735

q.sqq 0.734

0.599 0.733

n.591 d,_34 _-

0.582 0.735

_.59P 0.734

11._30 13.861

11.289 13.870

11 .218 13.836

II .289 13.870

Ii ._30 13.861

11.28_ 13.870

1 11.217 13.836
1l .2_8 13.870

30.582 37.444
3n.574 37.445
?n.565 37.446

30._74 37.445

30.582 37.444

3_.07_ 37.44_

30.564 37.446

30.573 37.44_

42.40_ 51.91g

1 o%. E=t__ h bit -Earth Oriented

Inclination of Orbit to Solar Vector, es=Q°

Surface

Orientation

45 ° 0

45

9O
135

180

225

270

315

90 ° 0

45

9O

135

180

225

270
315

1.35 ° 0
45

9O

135

180

225

270

315

0

180

Incident Radiation

in BTU/IIR-SQ. FT.

Solar Albedo Direct I-R

Radiation Radiation Radiation

140.137 0.046 o.n5b

122.365 0.044 0.O56

99.3q3 n.042 n.eq6

122.369 0.944 n.n56

140.141 0.046 0.056

122.326 q.044 _.056

99.321 0.n42 0.056

122.322 0.0,44 0.n56

114.621 7.03_ 8.680

81.073 6.975 8.685

n.063 6.901 8.664

81.072 6.975 8.685

116.621 7.030 8.68['

81.028 6.974 8.685

O. 6.900 8.664

81 .028 6,974 8.685

63.1 16 23.554 2£.123

45.332 23.552 29.123

22.339 23.550 29.123
45.32? 23._52 29.123

b3.111 23.554 29.123

45.308 23.551 29.123

22.313 23.549 29.123

45.?12 23.551 29.123

143.502 O. O.

31.571 33.246 41.106

2.0_N.M. Earth Orbit - Earth Oriented

Inclination of Orbit to Solar Vector, Os=O °

Surface

Orientation

45 ° 0

45

90
135
180

225

270

315

90 ° 0

45

9O

135

180

225

270

315

135 ° 0

45

9O

135

180

225
270

315

0

180

Incident Radiation

in BTUIIIR-SQ.FT.

Solar Albedo Direct I-R

Radiation ladiation Radiation

140.4_9 0. c.

4.0_.M. Earth orbit -Earth Oriented

Inclination of Orbit to Solar Vector, Os= 0 °

Surface I

Orientation

45 ° 0

Incident Radiation

in BTU/HR-SQ.FT.

Solar Albedo Direct I-R

Radiation ladiation Radiation

140.502 q 0

122._5_ O. O.

99.384 0. o.

122.658 C. C.

140.502 O. n.

122.614 0. 0.

99.323 0. O.

122.611 C. r'.

124.661 3.404 4.269

88.174 3.348 4.271

0.C68 3.284 4.2£2

88.174 3.348 4.271

124.661 3.404 4.269

88.126 3.348 4.271

0. 3.284 4.262

88.126 3.348 4.271

77.662 15.407 19.4!9

59.808 1:5.408 19.419

36.53C !'5.'..408 19.418
59.8C4 15_408 19.41g

77.658 I_'_407 19.41@
59.779 1'5.407 19.41P

36.4g5 15.407 19.41_!

59.783 15._07 Ig.41q

140.505 n. "0.

51.634 21.790 27.462

45

9O

135

180

225

270

315

900 0

45

9O

135

180

225

270

315

135 ° .0

45

9O

135

I80

225
27O

31_
0

180

122.658 q. n.

99.388 q. n.

122.662 0. n.

140.507 0. 0.

122.619 O. O.

99.326 O. O.

122.614 n. C.

132.507 1.20g 1.550

93.724 1.174 1.551

0.074 1.137 1.548

93.724 1.174 1.551

132 .507 1.2C9 1.550

-93.671 1.174 1.551

O. 1 .137 1.548

93.672 1.174 1.551

94.486 8.015 10.3q5

76.635 8.015 I_.3q5

53.358 8.016 10.3_5

76.630 8.015 10.3_5

94.481 8.015 10.395

76.600 8.015 10.395

53.315 8.015 1C.395

76.605 8.N15 I0.3_5

140.510 0. 0.
75.427 11.335 14.7C1
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8.0*N.M. Earth Orbit - EarthOriented

Inclination of Orbit to Solar Vector, @s= 0 °

Surface
Orientation

oc
45 ° 0

45
9O

135
180
225
270
315

900 0
45
9O

135

Incident Radiation

in BTU/HR-SQ.FT.

Solar Albedo Direct I-R
Radiation ._adiation Radiation

14,/.q IC _. n.

122 ._(-6 q. c.
99. :396 0. 0.

122._7C O. o.
140.615 O. n.
122.627 C. O.

99.334 O. n.

122.622 o. O.

137.243 n.312 0.4C9
97.075 n.2c_8 0.409

O.C7g 0.284 0.4C8
97.C75 0.29".] 0.4C9

135 °

0
180

137.263180
225 97.0 1q
270 o.
315

0

45

90
136

180
22,5
270
31,5

t

n

o.312 O.4CS

0.298 0.4C9
q.28q _.4e8

97.nI_ 0.298 O.4C9

110.609 3.288 4.399

92.760 3.288 4.3_9
_ 69.4E4 3.288 4.3q_

92.756 3.288 4.3_9

110.604 3.28q 4.399

92.720 "} .288 4.3qq

69.435 3.288 4.3£q

92.725 3.288 4.3_9

....!40.521 q. O.
98.228 4.650 6.2"22

, ,u,, m

z___*9.1X.M. Earth Orbit t Earth Oriented

Inclination of Orbit to Solar Vector, O ffi 0 °8

Surface

Orientation

450 0
45
9O

135
180
225
270
315

900 0
45
9O

135
180
225
270
315

135 ° 0
45
9O

136
180
225
270
31_

0
180

Incident Radiation

in BTU/HR-SQ.FT.

Solar
Radiation

a

140.531 0.

122.687 O.

99._17_ _ 9.

122.652 3.

122.648 O.

q9.356 _.

L22.643 O.
1_9 .o73 O. 03c3

$8.?q4 0.C37
0.083

_8.1_4

13q.673

g8.735
O.

q8.735

_L25.328
IC7.482
84.2C7

IC7.477

125.323

107.437
E4.151

107.442
140 -5E2

i 19.044

Albedo Direct I-R
_adiation Radiation

O.
C.

C.
C .

O.
C.

C.

C.C_2

C.C52

0.034__£_ _f_2_
').C37 C.052
0.039 c .C E?
0.037 C.652
6.03Q O, Q52___
0.037 C.C52

0.821 I.L34
,3.821 l. I3_
0.821 1.12_

o.821 I.L_

0.8;.I 1.134
0.821 I_I_

0.821 1.134
O. C.

1.161 1.6C3

F
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Normal to Surface

8,000 N.]4. Earth Orbit

Inclination of Orbit

Sur face
Orientation

45 ° 0
45

90
135
180

225
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315

90o 0
45
9O

135
180
225
270
315

135 ° 0
45
9O

13.5
180
225
270
31_

0
180 -
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3
3
3
3
3
3
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INSTANTANEOUS INCIDENT RADIATION TO SATELLITE SURFACES FOR ONE ORBIT

-Earth Oriented-

to Solar Vector, @s- 0 °

acident Radiation

a ITU/HR-SQ.FT.

t

ar Albedo Direct I-R

_tion Radiation Radiation

3.'_7 r. _.

4.C2 C. ¢.

4.03 e. O.

4.01 P. C.

•3. '37 C. 0.

[5.93 C. P.

[5.91 r. C.

L3.93 C. O.

O.UO 0.8 r_ ( .41

O. O& G. _ (_.2+1

0 • l)c_ O. Re"_ 0.61

O. C8 O. £0 C. '+1

0. r:. 80 e .41

O. c..8n ('.41

0. n. 80 (_. ,'_1

Incident Radiation

in BTU/HR-SQ.FT.

Solar Albedo Direct I-R

Radiation Radiation Radiation

O. e. C.

65.06 '_. n.

22Z.06 e. e.

379.01 n. C.

443.£9 O. 0.

378._2 0. O.

221.93 n. 0.

64.98 n. O.

O. _.24 C.41

0. n. 34 C.41

0.¢9 0.57 0.4t

222.06 C._{2 0.41

i ,

Incident Radiation

in _/_L_-SQ.FT.

Solar Albedo Direct I-R

Radiation Radiation Radiation

Incident Radiation

in IrrU/HR-SQ.FT.

313.45 C.(;2 _.41

221.93 r._.2 n.41

0. O. 57 O. 4l

O. r. C.

0.06 O. O.

222.00 O. O.

313.89 C. 0.

221.91 O. O.

0. 0. 0.

0 • _. O.

O. C.CO 0.41

O. 0.02 0.41

0.09 0.16 0.41

313._5 0.38 0.41

443.&C 0.5n 0.41

313.82 C.38 P.41

0. 0.16 n.41

O. 0.02 0.41

O. 1.56 4.40

O. 1.66 4.40

0.06 1.92 4.40

221.99 2.17 4.40

313.89 2.27 4.40

Albedo Direct I-R

Radiation Radiation

O. r. _.

O. 0. 0.

Solar

Radiation

0. C. C.

0. (]. C.

C.OI O. e.

O. O. q.

0. 0. ¢.

0. C. n.

0. O. 0.41

O. 0. 0.41

0.09 O.nn e.4I

221.97 . o.n2 0.41

513.82 P.03 o.41

221. _4 P.q2 0.41

O. o. nO n.4]

0. 0. 0.41

0. n.e5 4.40

65.03 n. C5 4.4_

221.96 0.07 4.40

378.86 n. Ca 4.40

443.81 0.09 4.40

378.77 r_.o8 4.40

221.84 o.n7 4.4o

64.94 0.05 4. 4n

n. O. 8n ¢.,,1

O. Q. lq 4._+q

0. q. 19 4.40

O. 9. 19 4.40

n. (). 19 4.40

0. 9. 19 4.40

O. 9. 19 4.49

0. q. 10 4.40

O. O. 1¢I 4.4_

#4.03 q. O.

O. ]2. q_ 6.22

(7) = o°'

O. O. _4 C.41

0. 6. C8 4.40

0. 6. 22 4.40

O. 6.56 4.40

O. 6. c,I 4.40

0._0 7.05 4.40

n. 6.01 4.40

0. 6. s6 4. a0

0. 6.22 4.40

313.£5 ¢. O.

0. 9.2X 6.22

221.91 2. 17 4.40

0. I. 92 4.4n

0. ]. 66 4.40

N.0q O. r_.

O. 2.71 6.22

/_) ETA = 9O o i

0. 0. 0.

313. 82 C. I0 6.??

(#)_ i ETA = z35o

• ,, ,--_ , . ,

Incident Radiation

in ITU/HR-SQ. FT.

Solar Albedo Direct I-R

Radiation ladiatlon Radiation

O. '%. ' ¢'-

O. £_. f'-

O. C. O.

0. '_ . O.

O. C. q.

O. O. 0.

O. q. f.

O. a. N.

r). o. 0.41

0. n. C. 41

0.09 n. 0.41

94. 53 0. 0.41

133.59 N. 0.41

94.40 o. A.41

Q. _. 0.41

0. q. o.41

2n4. 17 n. 4.40

232.49 n. 4.40

299.3n C • 4. 40

366.08 _. 4.40

391_ •71 r'. 4.4 n

365.gg C). 4.40

299.18 n. 4.40

232.4n n. 4.40

0. _. 0 •

423.19 C. 6.22

E_e of ShadOw

(I// ETA = 162.48°

Inc lde

in _ru

Solar

Radiation

O.

O.

_o

C.

O.

O.

C, .

0 •

O.

O.

O.

O.

O.

O.

O.

O.

O.

O.

O.

0.

O.

o

O.

/

V



it Radiation

!'_- SQ. _r.

Albedo Direct I-R

_adiation Radiation

_ • _ •

r. O.

O. C.

O. C.

C. 0-

O. n.41

q. 0.41

n. n.41

C. C.41

O. 0041

O. 0.41

O. P.41

_. 0.41

O. 4.4n

O. 4.40

O. 4.40

0. 4.4n

O. 4.4q

r. 4.40

O. 4.40

n. 4.4_

O. Co

C. 6.22

ETA = 180 ° !

Incident Radiation

in rrUll_-SQ. Irr.

Solar Albedo Direct I-R

Radiation (adlation Radiation

O. O. O.

O. O. O.

C. O. O.

0. r. (9.

O. (1. n.

0. P. O.

0. n. O.

O. O. O.

I 3 3.5g C. 0.41

94.52 o. O. 41

0.qg C. 0.41

O. f. 0.41

0. n. 0.41

0. P. 0.41

O. n. (_.41

94.40 O. 0.41

393.71 n. 4.4n

366.08 O. 4.40

2o9.30 O. 4.40

232.49 C. 4.40

204. 78 C. 4.40

232.40 O. 4.49

299. ]B c. 4.40

365. qS O. 4.4o

C. e. O.

[ 423. 217 O. 6.22

?Edge of slladow,

ETA: 197.52°

Incident Radiation

in STUIJUt-SQ. FT.

Solar Albedo Direct I-R

Radiation _adiation Radiation

0.}9 n. _.

O. n. O.

0. O. O.

0. o. O.

O. _3. Q.

0. 0. O.

0 • q. q.

O. O. n.

313.82 _._3 0.41

221.97 m.02 0.41

0.09 o. Oo 0.41

0. 0. 0.41

O. O. ¢._I

0. q. 0.41

0. O. O0 P.41

221._4 9.02 0.41

443. 81 O. 09 4. 40

378.86 O. P8 4.40

22 1.97 n. 07 4.40

65.04 O. C5 4.49

0. 0.P5 4.40

64.95 0. C5 4.40

221. E4 _.n7 4.40

378.77 O. C8 4.40

O. O. 0.

313.82 e. 1(_< 6.22

ETA = 225 o

Inc Ident Radlat ion

in rrU/HR-SQ. FT.

Solar Albedo

Radiation Radiation

313.@9 C.

221 .Y% O. C.

0.06 n. q.

O. O. O.

O. C. O.

Direct I-R

IRadiation

0. O. @.

O° _ q.

- 221._! r. O.

443.qn _.50 0.41

_13.q5 ¢.38 0.41

0.0q n.16 0.41

O. n.n2 0.41

O. n. 0.41

O. C.o2 0.41

0. 0. IA 0.41

313.82 r.3_ 0.4l

313.89 2.27 4.40

222.00 2.17 4.40

0.06 1.92 4.40

0_ 1.66 4.40

0. 1.56 4.40

O. 1.66 4.40

O. 1.92 4.40

221.91 2.17 4.40

0. O. 0.

.... O_O0 2.71 6.22

/',I),ETA: 27oo

Incident Radiation

in rFU/HR-SQ. FT.

Solar

Radiation
Albedo Direct I-R

ladiation Radiation

443. %9 r. 0.

379.01 0. P.

222.05 O. O.

65.06 n. O.

C. r. C.

64._7 C. 0.

221.93 C. n.

37b.q2 q. C.

313._5 0.92 0.41

222.06 0.82 C.41

0.09 0.57 C.41

O. O. 34 C. 41

C.. n.24 0.41

0. n. 34 0.41

O. 0.57 0.41

221.q3 P.82 C.41

0.01 7.C5 4.40

0. 6.91 4.40

O. 6.56 4.40

0. _. 22 4.40

O. 6.08 4.40
I

0. 6.22 4.40

0. 6.56 4.40

0. 6.gl 4.40

313.$5 C. 0.

0. 9.28 6.22
P-

{_] ETA = 315 °

i 6<_'

Tabl C.3-£



I
I
I

I

_d
J_

¢t+j

aJ_



)

IJ

,,J

0

f_

_J

Ii 11 k 0

%

o

r,

LL

\

_ .._, p.z Vo_'--_,v ' _I_'.Z

m mm m m m m m _ m m _ m m m m nL_L_



I

I
I

I
I

I
I
I

I
I
I

I
I

I
I

I
I

I
I



• I " I REGUTJATOR

HELIUM INFLATION -_

SYSTEM

CONFIGURATION B

GLYCOL

PUMP

HEAT TRA}I,;PORT SYSTEM

I+

• BATTE t_

• SUPPLY

HEI,II]M FROM ()T!LF',R

CRYO TANKS

I
I

I
I
I

I
I

I

CONFIGURATIONS C & D
I

HELl UM

MANIFOLD

_-¢--A. _
")• G," a

FLOW }REGULATOR

AMBIEN]' ]fli]]IUM ' <'

0NFIG. C - A/8 PROt'. f,"ST. TANK 1

TANKJ
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